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APPENDIX 8. iA
POWER SUBSYSTEM COST/WEIGHT TRADEOFFS
i. COST
The cost estimations of power subsystem units were based upon
DSCS-II, DSP, and Pioneer 10 and ii hardware design and development
and manufacturing experience. Parts count and degree of modification
of existing hardware were factored into the estimate of manufacturing and
design and development costs. Cost data includes sufficient quantities of
units to equip probe bus and orbiter versions. It was based on the orbiter
complement of equipment, but the savings in fewer slices for the probe
bus balance the cost of the different probe bus battery. The preferred
systems are 6 for Thor/Delta and 15 for Atlas/Centaur (see Table 8. iA-i).
2. WEIGHTS
The weights of the candidate designs were based upon slice or tray
weights for functionally equivalent circuitry measured on existing hard-
ware such as Pioneers 10 and 11, Intelsat III, DSCS-II, or DSP programs.
Battery weights were based on measured cell weight data adjusted for case
weight or off-the-shelf battery weights. The solar array weight estimate
was based upon recent hardware experience on DSCS-II and DSP arrays.
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Table 8. iA-i. Orbiter Power Subsystem Cost/Weight Tradeoffs
POWER POWER SOLAR BATTERY TOTAL
CONFIGURATION CONTROL REGULATOR CONDITIONING ARRAY WEIGHT TOTAL
UNIT (KG) TOTAL
I. 22 TO 33 VDC BUS, Ni-Cd BATTERY KG 2.14 4.82 6.6 17.0 17.3*
BUCKING ARRAY REGULATOR 47.86 2619.0
CONFIGURATION 3 POWER CONDITIONING $ 370 646 941 542 120**
2. 28 VDC ±2% BUS, NI-Cd BATTERY KG 5.02 4.82 2.4 17.0 17.5
BUCKING ARRAY REGULATOR 46.74 2970.0
CONFIGURATION 3 POWER CONDITIONING $ 1037 646 420 542 325
3. 22 TO 33 VDC BUS, Ni-Cd BATTERY KG 2.14 4.82 6.6 18.4 17.3
BUCK-BOOST ARRAY REGULATOR 49.26 2652.0
CONFIGURATION 3 POWER CONDITIONING $ 370 646 941 575 120
4. 28 VDC ±2% Ni-Cd BATTERY KG 4.32 4.82 2.4 18.4 17.5
BUCK-BOOST ARRAY REGULATOR 47.44 3003
CONFIGURATION 3 POWER CONDITIONING $ 1037 646 420 575 325
5. INTELSAT III TYPE SYSTEM KG 4.32 ---- 6.6 15.6 17.3*
22 TO 33 VDC SHUNT LIMITED BUS,
Ni-Cd BATTERY 43.82 2079
CONFIGURATION 3 POWER CONDITIONING $ 508 ---- 941 510 120
6 PIONEER 10 AND 11 TYPE SYSTEM KG 6.35 ---- 2.4 15.6 17.5
28 VDC ±2%, Ni-Cd BATTERY
CONFIGURATION 3 POWER CONDITIONING 41.85 2115
PREFERRED THOR/DELTA $ 860 ---- 420 510 325
7. PIONEER 10 AND 11 TYPE SYSTEM KG 6.8 ---- 2.4 15.6 14.0**-
28 VDC ±2% BUS, Ag-Cd BATTERY 38.8 2415CONFIGURATION 2 POWER CONDITIONING $ 864 ---- 420 510 621
8. SHUNT BOOST SYSTEM KG 3.9 4.82 6.6 17.0 17.3*
22 TO 33 VDC BUS, Ni-Cd BATTERY 49.62 3128CONFIGURATION 3 POWER CONDITIONING $ 876 646 941 545 120
9. UNREGULATED SYSTEM KG 2.82 6.6 15.6 17.3*
22 TO 70 VDC BUS, Ni-Cd BATTERY 42.32 1986CONFIGURATION 3 POWER CONDITIONING $ 415 941 510 120
10. UNREGULATED SYSTEM KG 3.28 ---- 6.6 15.6 11.9*
22 TO 70 VDC BUS, Ag-Cd BATTERY 37.38 2781CONFIGURATION 3 POWER CONDITIONING $ 523 ---- 941 510 807
11. PIONEER 10 AND 11 TYPE SYSTEM KG 6.35 ---- 2.3 15.6 17.5
28 VDC ±2% BUS, Ni-Cd BATTERY 41.75 2305CONFIGURATION I POWER CONDITIONING $ 860 ---- 610 510 325
12. PIONEER 10 AND 11 TYPE SYSTEM KG 6.8 ---- 2.3 15.6 14.0
28 VDC ±2% BUS, Ag-Cd BATTERY 38.7 2605CONFIGURATION 1 POWER CONDITIONING $ 864 ---- 610 510 621
13. SHUNT BOOST SYSTEM KG 6.8 4.82 2.9 17.0 17.528 VDC ±2% BUS, Ni-Cd BATTERY 49.02 3180CONFIGURATION 3 POWER CONDITIONING $ 1247 646 420 542 325
14. BASELINE SYSTEM KG 6.8 ---- 7.4 16.1 14.0PIONEER 10 AND II TYPE SYSTEM
28 VDC ±2% BUS, Ag-Cd BATTERY 44.3 2210CONFIGURATION 2A POWER CONDITION-
ING (INVERTER AND CTRF) $ 864 ---- 188 537 621
15. PIONEER 10 AND 11 TYPE SYSTEM KG 6.35 ---- 7.4 15.6 17.528 VDC ±2% BUS, Ni-Cd BATTERY
CONFIGURATION 2A POWER CONDITION- 46.85 1883
ING (INVERTER AND CTRF) $ 860 ---- 188 510 325PREFERRED ATLAS/CENTAUR
REDUCED BATTERY WEIGHT DUE TO DIRECT DISCHARGE TO BUS.
OFF-THE-SHELF DSP (30K EACH).
14 KG BASED ON 24 A-HR SCALEUP TO 30 A-HR CELL
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APPENDIX 8. iB
BATTERIES
i. NICKEL CADMIUM BATTERY CYCLE LIFE
Nickel cadmium batteries have the best cycle life and are more
rugged than any other type of secondary battery for space purposes. How-
ever, nickel cadmium batteries are heavier and have high residual mag-
netic fields. Data in Section 3. 3. 2 shows that the magnetometer boom
length must be increased slightly to accommodate this low risk battery.
The depth of discharge will be 31 percent during the first eclipse
season, 66 percent during the i. 4-hour maximum eclipse season, and
approximately 10 percent during launch. Figure 8. 1B-i shows the battery
is conservatively sized, with a cycle life capability considerably in excess
of Pioneer Venus requirements. Future growth could be accommodated
with increased depth of discharge to 80 percent. Cell bypass circuitry is
not required for the nickel cadmium battery because of the high cycle life
capability and conservative usage.
2000 I I
NICKEL CADMIUM BATTERY CYCLE LIFE
24-HR ORBITS
1500 REFERENCE P. FONO,"SPACECRAFT NICKEL
CADMIUM BATTERY CYCLE LIFE ASSESSMENT,"
SAFT 1972 IE CEC
(20.C) 0 NAD CRANE 6 A-HR CELLS O"C, 25-C
1000
25 C 25C TRW OGO 20*C (12 A-HR CELLS)
NUMBER
OF CYCLES
500 0"C 0 "C
HUGHES
TACSAT O
100 CYCLES
0.48-HR MAXIMUM ECLIPSE
25 CYCLES HUGHES TACSAT 20-C
1.42- HR MAXIMUM ECLIPSE (6 A-HR CELL)
200
0 20 40 60 80 100 120 140
DEPTH OF DISCHARGE (PERCENT)
Figure 8. 1B-1. Nickel-Cadmium Battery Cycle Life
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2. SILVER CADMIUM BATTERY CYCLE LIFE
Table 8. iB-1 shows the NAD Crane 24-hour orbit silver cadmium
cell cycle life data. Note the wide variations in cycle life for tests under
identical conditions. Other sources of data for silver cadmium cycle life
are summarized in Table 8. iB-2.
Table 8. iB-i. Silver Cadmium Battery Cycle
Life Tests (NAD Crane)
DEPTH OF TEMPERATURE CYCLES YEAR VOLTAGEDISCHARGE LIMIT
50 40 210 1964 1.50
43 40 310 1968 1.51
20 40 61 1965 1.50
20 40 269 1967 1.50
18 40 447 1969 1.51
40 25 69 1967 1.51
18 25 507 1969 1.51
20 25 34 1965 1.97
20 25 98 1965 1.50
20 25 720 1967 1.49
20 25 610 1967 1.50
20 25 77 1967 1.50
20 25 661 1968 1.50
18 0 1548 (IN PROGRESS) 1.51
6/20/72
50 0 168 1964 1.50
43 0 61 1967 1.51
40 0 121 1967 1.51
20 0 267 1966 1.50
20 0 2542 1971 1.50
Table 1. iB-2. Data on Silver Cadmium Cycle Life
from Other Programs
DEPTH OF
PROGRAM OR SOURCE DISCHARGE CYCLES
(5%)
FR-I SATELLITE 15 10 000
P/F SUBSATELLITE 8 5 000
JPL 20 A-HR CELLS 1.5-VOLT CHARGE 60 56 TO 90
LIMIT [23.890C (750F)] 24-HOUR ORBIT(7 MONTHS STORAGE)
JPL 20 A-HR CELLS 1.5-VOLT CHARGE 60 144 TO 261
LIMIT (-200C) 24-HOUR ORBIT(7 MONTHS STORAGE)
NAD CRANE 10 CELL PACKS 50 166
24-HOUR ORBIT (14 MAY 1965)
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2. 1 Need for Individual Cell Bypassing
Because 1) overcharge current is highly sensitive to applied voltage
limit in Ag-Cd cells, 2) the I-V characteristic of each cell is different,
and 3) the voltage dispersion of those cells tends to become large as time
passes, individual voltage limiting on charge is used for this application.
2. 2 Silver Cadmium Battery Wet Storage
Figure 8. iB-2 shows data for silver cadmium battery wet stand
storage based on Goddard Space Flight Center IMP and JPL test
experience.
FLOAT AT 1.41 VOLT (IMP)
25*C
OPEN CIRCUIT
OPEN C RCUIT CHARGED (GSFC)CHARGED (JPL) 2 *
23.89-C (75F)
PERCENT OF
ORIGINAL
CAPACITY
40
OPEN CIRCUIT
CHARGED (JPL)
23.89C (75-F)
20
100 200 300 400 5s0
DAYS
Figure 8. 1B-2. Silver-Cadmium Battery Wet Storage Capacity Loss
Silver cadmium cells lose capacity throughout their life, starting
as soon as they are activated with electrolyte. The rate of capacity loss
largely depends on temperature and less strongly on whether the cells are
cycled or stored inactive, except that very high depths of discharge accele-
rate the rate. Also, the rate of capacity loss is about the same for charged
open-circuit storage as for discharged open-circuit storage. "Floating"
the battery decreases capacity loss, at least for the first 6 months. Fig-
ure 8. IB-2 shows capacity versus storage data for Ag-Cd cells at 250C.
Note that the results for charged open-circuit storage at i -year are
quite different for Goddard SFC and JPL, an example of the wide vari-
ations typical of state-of-the-art Ag-Cd cells.
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3. SILVER ZINC SECONDARY BATTERY CYCLE LIFE
Silver zinc secondary cell cycle life data (NAD crane) shows wide
variation similar to that of the silver cadmium cell (see Table 8. iB-3).
The cycle life capability at high depths of discharge is questionable. Other
silver zinc data is presented in Table 8. IB-4. Because of the extreme
data scatter for silver zinc cells in cycling tests, they were eliminated as
candidates for the orbiter mission.
Table 8. iB-3. Secondary Silver Zinc Tests
(24 Hour Orbits) (NAD Crane)
DEPTH OF TEMPERATURE
DISCHARGE (oC) DATE CYCLES
40 25 1967 90
40 25 1964 32
40 25 1964 80
31 25 1967 281
42 25 1965 58
25 25 1965 139
40 25 1966 121
Table 8. iB-4. Data on Silver Zinc Cycle Life from Other Programs
PROGRAM/SOURCE TEMPERATURE DEPTH OF
PROGRAM/SOURCE(O) DISCHARGE CYCLE LIFE
25TH POWER SOURCES 24 25 230CONFERENCE
T.J. HENNIGAN (GSFC)
24-HOUR ORBIT
25TH POWER SOURCES 20 25 800CONFERENCE
T.J. HENNIGAN (GSFC)
6 CYCLES PER DAY
19TH POWER SOURCES 
-- APPROXIMATELY 50CONFERENCE 70 PERCENTG.M. WYLIE (ESB) DISCHARGE TO3.5-DAY CYCLE 1.25 V/CELL
JPL SPACE PROGRAM 25 60 90, 120, 230SUMMARY 37-60
VOL. III, 1969
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APPENDIX 8. iC
PIONEER VENUS BUS VOLTAGE REGULATION SCHEME
The Pioneer Venus power subsystem employs a full shunt regulator
connected across the array terminals, together with a discharge regulator.
Figure 8. iC-i shows a simplified block diagram of the system. The
central control unit is the heart of the system. It controls the shunt
driver and the battery charge and discharge regulators to maintain the bus
voltage within the regulation limits of 28 VDC ±1 percent (excluding long-
term drift effects). This regulation band is divided into nonoverlapping
regions of control as shown.
.. ARRAY BLOCKING DIODE 28 VDC BUS
BUS VOLTAGE SENSE
SHUNT Bus VOLTAGE CONTROL DISCHARGE
SOLAR DRIVER ERROR AMPLIFIER CENTRAL REGULATOR
SOLAR CONTROL
ARRAY UNIT CONTROL CHARGEVREF REGULATOR LOAD:
SHUNT 
BATTERY T
SHUNT RADIATOR
RESISTORS
CENTRAL CONTROL UNIT OPERATION
CONTROL
DEADBAND DEADBANiiiiiiiiDISCHARGE CHARGE CHARGE TO SHUNT
SCHARGE TO CHARGE SHUNT
28 VDC -1% 28 VDC 28 VDC+1%
BUS VOLTAGE
Figure 8. 1C-1. Pioneer Venus Power Subsystem Simplified Block Diagram
The shunt, charger, and discharger may be thought of as transcon-
ductance amplifiers where the output current is linearly varied as con-
trolled by an error signal proportional to the bus voltage. Below 28 VDC
-1 percent, the discharger is supplying all the current it can (up to its
built-in current limit) to the bus. At the lower end of the deadband
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between discharge and charge, it is turned off and the array completely
supports the bus. The deadband assures that discharge and charge do not
occur simultaneously. Once the bus voltage rises to the upper limit of
the discharge-to-charge deadband, the charger is enabled and provides
current to the battery in proportion to the bus's ability to provide it up
to 28 VDC. At this point, the charger is at its current limit of
(about 2 A) and thereafter the internal charge control will control battery
current as a function of voltage. If the solar array capability exceeds
charging and load requirements, the bus voltage will rise above the
charge-to-shunt deadband and the shunt will be enabled. The shunt cur-
rent capability is sized such that the bus voltage never exceeds 28 VDC
+1 percent.
Figure 8. C1-2 shows the case where the array power at 28 volts
exceeds load requirements and the battery is fully charged (trickle mode).
The shunt current is the difference between the intersection of the constant
power load line and the array I-V curve at 28 VDC. The array operating
point is shown at the intersection of the 28-volt vertical line and the I-V
curve. As the load changes, the shunt current adjusts to keep the
operating point below 28 volts +1 percent.
LOAD IARRAY ISHUNT
ARRAY OPERATING POINT
VMP, IMp P MP
LA[LOA_ SHUNT
CONSTANT POWER
LOADLINE
P =VI = CONST
28 VOLTS +1% (MAXIMUM) VOC
VOLTAGE
Figure 8. 1C-2. Array Power Exceeds Load Power
Figure 8. IC-3 shows the end-of-life situation where load power just
equals array power capability. Shunt current is zero and battery discharge
is not required. At this point, the shunt control method is most efficient
since losses are virtually zero. For Pioneer Venus, this theoretical
design point will be achieved after 225 days in orbit (orbiter mission).
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IL IARRAY
SC LOD LP Pp SHUN T = 0
CONSTANT POWERLOAD LINE
28 VOLTS VOC
VOLTAGE
Figure 8. 1C-3. Array Power Equals Load Power
IShunt = 0 (End of Life Operating Point)
Figure 8. iC-4 shows the case where load power exceeds the array
capability but the open circuit voltage of the array is greater than 28 volts.
The CCU senses that the bus voltage has dropped slightly and enables the
discharger to maintain the bus above 28 volts -i percent. The array
operating point is at the intersection of the 28-volt vertical line and the
I-V curve. The discharger supplies the difference in current between
array capability and load demand. Shunt current is zero. For this case
the battery and array operate in a sharing mode.
IL = LOAD CURRENT LOAD OPERATING POINT
IDISCHARGE
DISCHARGER L = DISCHG + IARRAY
CURRENT I SHUNT = 0
ZI
MP CONSTANT POWER
D ALOAD LINE
ARRAY
OPERATING
IA =ARRAY CURRENT POINT
28 VOLTS -1% (MINIMUM) VOC
VOLTAGE
Figure 8. 1C-4. Array Power Less Than Load Power
Figure 8. 1C-5 shows what happens if the array voltage falls below
28 volts -i percent. Since there is no intersection of the 28-volt vertical
line and the I-V curve, no power is supplied by the array (blocking diodes
back biased). The shunt is disabled and the discharger carries the full
load, which, of course, is an abnormal operating mode.
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LOAD= DISCHG
IA = SHUNT = 0
SOPERATING POINT
S\ CONSTANT POWER
LOAD LINE
DISCHARGERCURRENT
VOC 28 VOLTS 
-1% (MINIMUM)
VOLTAGE
Figure 8. 1C-5. Array Open Circuit Voltage Less Than 28 Volts
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1. SHUNT SIZING ANALYSIS
The Pioneers 10 and II shunt regulator simplified block diagram is
shown in Figure 8. ID-1. The shunt consists of a 2 of 3 majority voting
error amplifier that feeds six shunt driver power transistors. The power
transistors are arranged in a 2 x 3 array to preclude catastrophic single-
part failures. Figure 8. iD-2 gives the detailed schematic diagram and
Figure 8. ID-3, the simplified schematic diagram.
SHUNT REGULATOR
ANALOG .--------------------------------------- ------...
TELEMETRY SHUNT RADIATOR (EXTERNAL)
----------------------
UNIT
STFigRIPre 8. D-I. ShUnt Block DiagramIP STRIP
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28 VDC BUS DIS
i10 - RE g
------------ L-----------
------------------------------------------- 
-------- I
-----------------------------------------------
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The maximum shunt current is given by:
(28-2.5)(25.88-2.5) = 4.5 amperes
and the maximum resistor dissipation is:
(4.5)2 x 5.88 = 119 watts.
The transistor dissipation is:
2.5 x 4.5 = 11.25 watts.
Therefore, the total shunt dissipation capability is
119 + 11.25 = 130.25 watts.
2. THOR/DELTA ORBITER SHUNT POWER REQUIREMENTS T/D III
Figure 8. 1D-4 shows the array I-V characteristics for degraded
(7 x i014imeV equivalent electrons) and undegraded conditions at Venus.
Constant power load lines have been drawn for the 225.7-watt load at
periapsis, for undervoltage with battery charging and for undervoltage
without battery charging. Table 8. iD-i summarizes the shunt power
requirements for these loads.
The shunt current capability can adequately handle all conditions
except for the undegraded array with the undervoltage load (neglecting
trickle charging current). If the battery trickle charge current of 0.3 am-
pere is considered, then the shunt capability required is 4. 5 amperes,
which the Pioneers 10 and 11 shunt can handle without modification. It
is important to note that an undervoltage condition occurring simul-
taneously with an undegraded array is highly unlikely since the undegraded
array provides excess power above battery and load requirements. Also,
the undegraded array maximum power is 21 percent above the degraded
array maximum power due to the conservative radiation environment used
in array sizing. A less conservative environment would reduce shunt
current requirements. The Thor/Delta probe bus power requirements
are virtually identical to those of the Atlas/Centaur version of Section 4.
The probe bus shunt sizing in Section 4 applies also to the Thor/Delta
bus.
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Figure 8. 10-3. Simplified Shunt Schematic
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Figure 8. 10-4. ThorlDelta Orbiter Array Characteristics 106. 96 Gigameters (0. 715 AU), 150 Parallel x 77
Series Cells 2 X 2 CM, 0.015 CM (0. 006 IN.) Thick PSheet Covers
Table 8. iD-i. Shunt Current as a Function
of Operating Mode
CONDITION (AT VENUS) ISHUNT (AMPERES)
UNDEGRADED ARRAY, 225.7-WATT LOAD 2.0
UNDEGRADED ARRAY, 203.8-WATT LOAD 2.9
(BATTERY CHARGING 2 AMPERES)
UNDEGRADED ARRAY, 147.8-WATT LOAD 4.8 (4.5 AMPERES LOAD WITH
0.3-AMPERE TRICKLE CHARGE)
DEGRADED ARRAY, 225.7-WATT LOAD 0.22
DEGRADED ARRAY, 203.8-WATT LOAD 1.1
DEGRADED ARRAY, 147.8-WATT LOAD 3.0
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3. SHUNT POWER GROWTH
The shunt power capability may be increased appreciably by employ-
ing various techniques as listed below:
* Supplement shunt resistance or array switching
* Add power transistor strings to the three strings presently used
on Pioneers 10 and ii
* Use Vela V shunt string configuration
* Use a Defense Support Program (DSP) or Intelsat III shunt
element assembly to drive a shunt radiator.
3. 1 Supplemental Resistor or Array Switching
The simplest method of increasing shunt capability is to add a com-
mandable resistive load across the array or switch off a portion of the
array (see Figure 8. 1D-5). The resistor shunts off a portion of the array
current and reduces the PCU shunt current requirement. The resistor is
commandable through a fail-safe circuit as shown. If Ki or K2 fails in
either contact position, the other relay commands the resistor on or off.
Thus, single-failure modes are precluded. In practice, the resistor would
be commanded on only if the increased shunt current on telemetry indi-
cated that the capability of the shunt would be exceeded. Since the array
capability increases slowly as the spacecraft approaches Venus, the
timing of the command to switch in the resistor is not critical.
POWER CONTROL UNIT
SOLAR 28 VDC
SHUNT
K2 SHUNT
CURRENT CURRENT
TO TELEMETRY
Figure 8. 1D-5. Shunt Growth Version with Supplemental Resistor
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The resistor would be mounted on a flat plate similar to the shunt
radiator design. Since the resistor has a wide allowable temperature
range of approximately -160 to +1250C, its placement on the spacecraft
can minimize the impact on the compartment dissipation and can ease the
thermal control problem. The resistor is sized to dissipate the power in
excess of shunt capability.
Switching off a portion of the array also would decrease shunt
requirements. The advantage is that no resistor would be required since
the power is not removed from the array. Hence, the switched array has
a simpler thermal interface than the resistive load. A disadvantage is the
difficult timing interface with the undervoltage/overload circuit during
load turnoff.
3.2 Add Power Transistor Strings
The Pioneers 10 and 11 shunt slice package is shown in Fig-
ure 8. iD-6. Six power transistors are shown mounted on three external
surfaces of the slice. Two additional transistors can be mounted on the
remaining surface. Each string has the capability to handle 2.25 amperes
of shunt current (4.5 amperes with one string failed). The addition of two
more transistors to the shunt slice would raise the current capability to
6.75 amperes, corresponding to 185 watts (one string failed). However,
the peak shunt slice dissipation would be 60 watts. Increasing the base-
plate area of the shunt slice with a doubler plate would provide increased
dissipation capability. If the full 6.75-ampere shunt capability is not
required, the PCU dissipation can be reduced by employing a higher
resistance in the shunt radiator to reduce the current in the shunt tran-
sistors at peak dissipation (equal power in transistors and shunt radiator).
POWER TRANSISTORS
POWER TRANSISTORS
POWER TRANSISTORS
Figure 8. 1D-6. Pioneer 10 and 11 Shunt Slice Package
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3.3 Vela V Shunt String
The preferred shunt regulator configuration to provide higher power
dissipation capability is shown in Figure 8. iD-7. Electrically, it is
identical to the Pioneer 10 and ii circuit; however, the supplemental
shunt transistor strings are mounted external to the slice in individual
housings. In this way, the power in these transistors can be dissipated
at some other more thermally convenient location and thus increase power
dissipation capability without overheating the PCU or other adjoining
equipment. Table 8. iD-2 summarizes the Vela V shunt string
characteristics.
PCU SHUNT SLICE ( ! ) OUTSIDE PCU
I BU
SHUNT LICERESISTIVE SHUNT
RADIATOR
(EXTERNAL)
TO EQUIPMENTCOMPARTMENT
ERROR
AMPLITUDE
PIONEER 10
AND 11
SHUNTDR:VER TRANSISTORSPOEFPODRIVER R 
FROMMAJORITY (2X3 ARRAYCCU AMPLITUDE VOTING OFPO EOR
TRANSISTORS) SUPPLEMENTAL
VELASSHUNT
S TRANSISTOR
STRINGS
ERROR
AMPLITUDE
Figure 8. 1D-7. Preferred Shunt Regulator Configuration
Table 8. iD-2. Shunt String Characteristics
DSP INTELSAT III VELA V
NUMBER OF STRINGS PER
ASSEMBLY 3 2 1
WEIGHT PER ASSEMBLY
[KG (LB)] 1.77 (3.9) 0.68 (1.5) 0.36 (0.8)
TYPE OF HEAT REJECTION RADIATION CONDUCTION CONDUCTION
DRIVERS INCLUDED YES YES NO
(NOT REQUIRED)
POWER DISSIPATION/
STRING (Tp = 85oC)
(WATTS) 25 25 25
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3.4 DSP or Intelsat III Shunt Element Assembly
Candidate shunt element assemblies (SEA's) which are available
and could be used are the DSP SEA and the Intelsat III SEA. Their
characteristics are compared in Table 8. iD-2. These assemblies would
be substituted for the Pioneer 10 and ii power transistors mounted on the
sides of the shunt slice housing. Then, the driver stage would be driving
the external shunt transistors as shown in Figure 8. 1 D-8.
INSIDE PCU ii OUTSIDE PCU
I BUS +28V
-II
RESISTIVE
RADIATOR
(EXTERNAL)
TO EQUIPMENT
ERROR COMPARTMENT
AMP
2/3 DRIVER DSP OR
FROM ERROR MAJORITY STAGE INTELSATccu AMP VOTING (2X3 ARRAY III SHUNT
CGAT OF POWER ELEMENTTRANSISTORS) ASSEMBLY
Figure 8. 1D-8. DSP or Intelsat I II Sea with Pioneer 10 and 11 Shunt Driver
4. CONCLUSIONS
For comparison, two cases are considered in Table 8. iD-3 based
on the following assumptions:
Maximum dissipation required 200 watts (power transistors
plus external radiator)
Redundancy 2/3
Based on this comparison, the Vela V option appears to be the most
attractive. However, the convenience of heat rejection would most likely
be the determining factor.
All these designs (Pioneer, Vela V, DSP, and Intelsat III) use the
same basic shunt transistor string. A convenient relationship between
baseplate temperature and power dissipated in the string is
TBP = 125 - 1.5 PD
8. D-8
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where
PD = string power in watts (neglecting lower transistor)
TBP = baseplate temperature in oC.
From this, a tradeoff can be made between the number of strings, power
per string, and baseplate temperature. However, PD should be limited
to 50 watts, maximum.
Table 8. 1D-3. Shunt String Comparison
DSP VELA V
NUMBER OF ASSEMBLIES REQUIRED 1 3
WEIGHT [KG (LB)] 1.54 (3.4)* 1.09 (2.4)
DEVELOPMENT COST ($K) SOME NONE
MANUFACTURING COST PER
SPACECRAFT ($K) 7 6
MAXIMUM POWER PER STRING
(ONE FAILED OPEN) (WATTS) 25 25
*ASSUMES 0.23 KG (0.5 LB) DECREASE FOR DELETION OF DRIVER STAGES
5. PREFERRED ATLAS/CENTAUR PROBE BUS SHUNT SIZING fA/C IV
The probe bus degraded and undegraded array I-V characteristics
are shown in Figure 8. ID-9. Superimposed are constant power load
5
= 1.05 RAD (60 DEG)
T =70*C UNDEGRADED
4
e= 1.57 RAD (90 DEG) 3.5 E14
1 MEV ELECTRONS ISHUNT
DEGRADED T = 48*C
UNDERVOLTAGE LOAD
52 WATTS WATTS
U
52
WATTS
28 V
0 - 5 10 15 20 25 30 35 40 45
VOLTAGE (VOLTS)
Figure 8. 1D-9. Preferred AtlaslCentaur Probe Bus Solar Array Characteristics 106. 96 Gigameters
(0. 715 AU), Npi 54 NS  = 88, 0.39 RAD (22.5 DEG) Cone, Version IV Science
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A/C IV lines for 88- and 52-watt loads. The worst case shunt current is
2.8 amperes. The Pioneers 10 and 11 shunt driver slice in the PCU
can be used as is. The shunt radiator resistance is increased to 9. 1 ohms
to decrease the peak shunt driver slice dissipation to 24 watts, as shown
in Figure 8. ID-10 (on Pioneers 10 and 11 the peak shunt slice dissipation
was 40 watts).
so
UNDEGRADED ARRAY- i
RADIATOR RESISTANCE =9.10
. 40
UNDERVOLTAGE
SHUNT CURRENT
20 A/C IV
TOTAL TRANSISTOR POWER
02
0 1 2 3
SHUNT CURRENT (AMPS)
Figure 8. ID-10. Version IV Science AtlaslCentaur Probe Bus Shunt
Dissipation Uses Pioneer 10 and 11 Shunt Driver
As-Is: Change Shunt Radiator Resistance to 9.12
6. PREFERRED ATLAS/CENTAUR ORBITER SHUNT SIZING jA/C IV
Figure 8. iD-iI shows the degraded and undegraded solar array I-V
current-voltage characteristics at Venus. The load lines show that the
difference between the full load (182 watts) and undervoltage load is quite
large. When the undegraded array characteristic is used, the maximum
shunt current is 7.2 amperes. This exceeds the Pioneers 10 and ii shunt
driver capability.
In Section 3.3 it was shown that the Vela V type shunt string can be
added to the present Pioneers 10 and ii power transistor strings to
increase the shunt current capability. Figure 8. ID-12 shows the design
for the orbiter shunt. Two Vela V supplemental shunt strings provide
the required shunt capability. Note that the PCU shunt driver power
dissipation is only 46. 5 watts (6. 5 watts higher than Pioneers 10 and i ).
The supplemental shunt string dissipation is 15. 5 watts with one of five
strings failed. The shunt radiator resistance is reduced to 3. 5 ohms to
handle the higher shunt current.
8. ID-10
0 A/C IV
10
0 = .05 RAD (60 DEG)
T = 69*C UNDEGRADED
0 = .57 RAD (90 DEG) 7E14 I MEV ELECTRONS
T =48*C DEGRADED
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I SHUNT 182 WATT
z MAX LOAD LINE
I IN H I I I=7.2AMPS
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56.1 WATT UNDERVOLTAGE LOAD
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Figure 8.10-11. Preferred Atlas/Centaur Orbiter Solar Array Characteristics 106.96 Gigameters(0. 715 AU), Np* 108 NS = 88. 0.39 RAD (22.5 DEG) Cone, Version IV Science
28 V BUS
------------ --- --
STHREE STRINGS
SHUNT RESISTORS LOCATED VELA-TYPE SHUNT STRING
ON RADIATOR PLATE LOCATED ON PLATFORM
EXTERNAL TO SPACECRAFT
MAXIMUM SHUNT CURRENT
7.2 AMPS
200
ASSUMING ONE STRING FAILED,
MAX PCU SHUNT DISSIPATION
=
3/4 X 62 = 46.5 WATTS
MAX SUPPLEMENTAL STRING
160 - DISSIPATION =62/4 = 15.5 WATTS
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< 120
- IUNDERVOLTAGE
SHUNT CURRENT
I UNDEGRADED ARRAY
80
I-I
OTOTAL TRANSISTOR POWER
0 2 4 6 8
SHUNT CURRENT (AMPS)
Figure 8. 19-12. Version IV Science Atlas/Centaur Orbiter
Shunt Dissipation I(Three Transistor Strings
Inside PCU Plus Two Supplemental Vela
Shunt Strings on Platform)
8. ID-11
APPENDIX 8. 1E
SOLAR ARRAY DETAILED DESIGN INFORMATION
i. Conical Array Projected Area 8. 1E-i
2. Earth Pointing 1978 Missions 8. iE-2
3. Pre-Version IV Science 8. iE-5
4. Cone Angle Selection 8. iE-10
APPENDIX 8. iE
SOLAR ARRAY DETAILED DESIGN INFORMATION
This appendix contains raw data used as inputs to the solar array
computer program (AM-142), including sun angle as a function of time,
temperature versus astronomical units (AU)* and sun angle, albedo heat
inputs, and temperature as a function of time near periapsis.. The.output
data provides array I-V characteristics as a function of sun angle,.and AU*:
for degraded and undegraded cases. Included is the Atlas/Centaur pre-
ferred version with the Version IV science complement and Thor/
Delta versions with pre-Version IV science. The array data presented
compares cylinders and cones.
1. CONICAL ARRAY PROJECTED AREA ALL CONFIGURATIONS
Figure 8. IE-i shows the ratio of the projected area (effective) to
the total array area (actual) as a function of sun angle for cones of various
half angles and a cylinder. The curves show that the conical array pro-
jected area is nearly constant as a function of sun angle for half cone
angles near 0.35 radian (20 degrees).
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S0SDRA 1.57 RAD (90 DEG(60 DEG)
004 0.52 RAD (30 DEG) TO
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EFFECTIVE ARRAY AREA
ACTUAL ARRAY AREA
0 RAD MA DEG)
S 03.26 RAD (55 DEG)9 1 1 3 0.2 RAD (150 DEG)
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1.31 RAD (7 DEG)-
= 1.57 RAD (90 DEG)
0.11 2.06 RAD (18 DEG) AT ENCOUN TER
0=0.32 RAD (18.56DEG)
GIVES MAXIMUM EFFICIENCY
T ,40.3018 OVER THE RANGE0 ,R 1.57 RAD (90 DEG)
0 15 30 45 60 75 90 105 120 135 150 . 165 180 (DEG)
SUN ANGLE ( 8 )
S 0.26 0.52. 0.79 1.05 1.31 1.57 1.83 2.09 2.36 2.62 2.88 (RAD)
Figure 8. 1E-1. Areal Efficiency of Conical Solar Arrays on Spinning Spacecraft
I AU = 1.5 x 10 meter.
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2. EARTH POINTING 1978 MISSIONS
2. i Sun Angle History
Figure 8. iE-2 shows the probe bus sun angle variation as a func-
tion of mission time. The sun angle changes from 0.35 radian (20 degrees)
at launch to approximately 1.08 radians (62 degrees) at bus entry into the
Venus atmosphere. Calculations of array power as a function of time
include this sun angle variation.
(RAD) (DEG)
1.40 80
1978 PROBE BUS MISSION
1.22 - 70
1.08 RAD (62 DEG)
1.05 60
0.87 - 50
0.70 Z 40
SUN ANGLE
0.52 2- 20
0.17 10
0.00 - 0 T
0 10 20 30 40 50 60 70 80 90 100 110
DAYS FROM LAUNCH
Figure 8. 1E-2. Probe Bus Sun Angle as a Function of Mission Time
The earth-pointing orbiter sun angle is shown in Figure 8. iE-3.
The sun angle ranges from 0.09 to 1.57 radians (5 to 90 degrees) over the
425-day nominal mission. "Flipping" the spacecraft precludes sun angles
of greater than 1. 57 radians (90 degrees).
2.2 Array Temperature
The Atlas/Centaur probe bus solar array temperature as a function
of AU and sun angle is shown in Figure 8. iE-4. The array temperature
at 134.64 gigameters (0.9 AU) considers the effect of the probes while the
temperature at 106.96 gigameters (0.715 AU) is calculated for after probe
release. Array temperature for the orbiter is shown in Figure 8. IE-5.
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Figure 8. 1E-3. Pioneer Venus Orbiter Mission Spacecraft Sun Aspect Profile
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Figure 8. 1E-4. Probe Bus Solar Array Temperature, Version IV Figure 8. 1E-5. Orbiter Solar Array Temperature Version IVScience AtlaslCentaur Science Atlas/Centaur
2.3 Array Characteristics
Tables 8. IE-I and 8. IE-2 contain probe bus and orbiter array I-V
characteristic data for various sun angles and solar distances (undegraded
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Table 8. IE-i. Atlas/Centaur Probe Bus Version IV Science Array Data
POWER AT MAXIMUM VOLTAGE AT OPEN CIRCUIT SHORT CIRCUIT
SUN ANGLE TEMPERATURE 28 VOLTS POWER MAXIMUM VOLTAGE CURRENT
[RAD (DEG)] (OC) (W) (W) POWER (V) (V) (A)
0.39 RADIAN (22.5-DEGREE) CONE, 106.96 GIGAMETERS (0.715 AU),
54 PARALLEL BY 88 SERIES DEGRADED (3.5E14-1 MEV)
0 (0) 79 104 105 27 35 4.53
0.26 (15) 76 103 103 28 37 4.38
0.52 (30) 71 107 107 30 39 4.30
0.79 (45) 72 111 113 30 40 4.45
1.05 (60) 70 111 113 30 40 4.40,
1.31 (75) 60 107 113 32 42 4.10
1.57 (90) 48 95.5 106 34 44 3.56
1.83 (105) 2 77.0 96.5 39 49 2.79
0.39 RADIAN (22.5-DEGREE) CONE, 106.96 GIGAMETERS (0.715 AU),
54 PARALLEL BY 88 SERIES, UNDEGRADED
0 (0) 79 127 129 30 38 4.97
0.26 (15) 76 124 127 30 40 4.81
0.52 (30) 71 125 133 32 42 4.73
0.79 (45) 72 129 139 33 42 4.88
1.05 (60) 70 129 140 33 43 4.82
1.31 (75) 60 122 139 35 45 4.50
1.57 (90) 48 107 131 38 47 3.90
1.83 (105) 2 85 119 43 52 3.06
0.39 RADIAN (22.5-DEGREE) CONE, 149.60 GIGAMETERS (1.0 AU),
54 PARALLEL BY 88 SERIES, UNDEGRADED
0.38 (22) 16 64.6 86 41 51 2.33
0.39 RADIAN (22.5-DEGREE) CONE, 149.60 GIGAMETERS (1.0 AU),
54 PARALLEL BY 88 SERIES, DEGRADED (1.7E14-1MEV)
0.38 (22) 16 60.4 74.7 38 49 2.21
Table 8. IE-2. Atlas/Centaur Orbiter/Version IV Science Array Data
POWER AT MAXIMUM VOLTAGE AT OPEN CIRCUIT SHORT CIRCUITSUN ANGLE TEMPERATURE 28 VOLTS POWER MAXIMUM VOLTAGE CURRENT
[RAD (DEG)] (OC) (W) (W) POWER (V) (V) (A)
0.39 RADIAN (22.5-DEGEE) CONE. 106.96 GIGAMETERS (0.715 AU),
108 PARALLEL BY 88 SERIES, 182WATTS, DEGRADED (7E14-1 MEV)
0 (0) 79 194.4 196 27 35 8.70
0.26 (15) 76 193 193 28 37 8.41
0.52 (30) 71 201 202 29 39 8.26
0.79 (45) 72 211 211 29 39 8.54
1.05 (60) 69 211 214 30 40 8.43
1.31 (75) 62 202 210 31 41 7.87
1.57 (90) 48 182 198 34 43 6.83
1.83 (105) 2 147 181 38 48 5.36
0.39 RADIAN (22.5-DEGREE) CONE, 106.96 GIGAMETERS (0.715 AU),
108 PARALLEL BY 88 SERIES, 182 WATTS, UNDEGRADED
0 (0) 79 253 257 30 38 9.91
0.26 (15) 76 247 253 30 40 9.58
0.52 (30) 71 249 265 32 42 9.42
0.79 (45) 72 258 277 33 42 9.73
1.05 (60) 69 257 280 34 43 9.61
1.31 (75) 62 243 275 35 44 8.79
1.57 (90) 48 214 260 38 47 7.79
1.83 (105) 2 170 237 43 52 6.10
0.39 RADIAN (22.5-DEGREE) CONE, 160.07 GIGAMETERS (1.07 AU),
108 PARALLEL BY 88 SERIES, 182 WATTS, UNDEGRADED
1.17 (67) 4 111 159 44 53 3.99
0.48 RADIAN (27.5-DEGREE) CONE, 160.07 GIGAMETERS (1.07 AU),
108 PARALLEL BY 88 SERIES, 182 WATTS, DEGRADED (3.5E14-1 MEV)
1.17 (67) 4 100 130 40 50 3.64
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and degraded). Cell performance is based upon data from JPL technical
memorandum 33-473, "Measured Performance of Silicon Solar Cell
Assemblies Designed for use at High Solar Intensities," 15 March 1971.
The raw data was smoothed for input to the AM-142 computer program.
2.4 Orbiter Earth Pointer Sunlit Periapsis Pass JA/C IV
The thermal data for the sunlit periapsis pass is shown in Fig-
ures 8. 1E-6 and 8. 1E-7. The sun angle of 0.59 radian (34 degrees) is
taken from Figure 8. iE-3 (165 days after orbital insertion). Table 8. IE-3
contains the computer sunlit periapsis pass array characteristics.
(WATTS/M) (BTU/HR FT2 )
1891 - 600
SUN PARALLEL TO LINE OF NODES (ORBIT DAY 168)
PERIAPSIS -- I - SUBSOLAR POINT
1576 - 500I
IA 2I
1261 - 400 I
I SOLAR
A/C IV 3 ARRAY
-II 6 -_300 3\ G SOLAR
VECTOR
630 - 200
A = ALBEDO HEAT INPUT
E = EMISSION HEAT INPUT
315 - 100A 2E
-60 -40 -20 0 20 40 60 80 10
TIME FROM PERIAPSIS (MINUTES)
Figure 8.1E-6. Venus Input During Orbit, Atlas/Centaur Earth-Pointer,
O - 0. 59 rad (34 deg)
3. PRE-VERSION IV SCIENCE ALL VERSION III SCIENCE PAYLOAD
3.-1 Sun Angle History AC III T/D III
The Option 2 fanbeam/fanscan orbiter spin axis orientation is nor-
mally perpendicular to the sun line [0.05 radian (±z3 degrees)] except
during periapsis maintenance, AV, and orbit insertion maneuvers.
3.2 Array Temperature A/C /D
Solar array temperature for conical and cylindrical arrays is shown
in Figure 8. iE-8 as a function of sun angle and solar distance. The data
is for a 1.02-meter (40-inch) high array.
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Figure 8.1E-7. Solar Array Temperature Near Periapsis, Atlas/Centaur Earth-Pointer,
= 0.59 RAD (34 DEG)
Table 8. 1E-3. Preferred Atlas/Centaur Orbiter (Earth Pointer)
Sunlit Periapsis Pass, 8 = 0. 59 rad (34 deg)
7E 14- 1 MeV Electrons (Albedo Contribution to
Array Power Output Not Included)
TIME FROM ARRAY POWER AT POWER AT VOLTAGE AT OPEN CIRCUIT SHORT CIRCUIT
PERIAPSIS TEMPERATURE 28 VOLTS MAXIMUM MAXIMUM VOLTAGE CURRENT
(MIN) (oC) (W) POWER POWER (V) (A)(W) (V)
-30 -12 215 306 44 54 7.74
-24 49 218 234 33 43 8.23
-18 69 206 208 30 39 8.34
-12 75 200 200 28 38 8.37
-6 81 192 192 27 37 8.40
0 94 163 174 25 34 8.46
(PERIAPSIS)
+6 108 112 155 23 32 8.51
+12 104 129 160 23 33 8.5
+18. 96 157 171 25 34 8.47
+24 89 176 181 26 35 8.44
+30 84 187 188 27 36 8.42
+36 82 190 191 27 37 8.41
+60 76 199 199 28 38 8.38
+108 74 201 202 29 38 8.37
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Figure 8. 1E-8. Solar Array Temperature
3. 3 Array Characteristics
Table 8. 1E-4 contains array I-V current-voltage data as a function
of sun angle and solar distance for the fanbeam/fanscan, Thor/Delta and
Atlas/Centaur versions. Data are shown for 0. 33-radian (19-degree)
conical and cylindrical arrays. The Atlas/Centaur 2 76-watt conical array
data is for 180 parallel by 77 series cells. Figure 8. 1E-9 shows that this
configuration falls slightly below the 2 76-watt requirement at 1. 66 radians
(95 degrees). If 186 parallel by 77 series cells are used, then the 276-
watt requirement is exceeded. Hence, the data for the Atlas/Centaur
2 76-watt configuration in Table 8. 1E-4 should be scaled up by the ratio
186/180.
3.4 Sunlit Periapsis Pass Data
The solar array temperature for the hot periapsis pass is shown in
Figure 8. IE-10 for conical and cylindrical arrays. Table 8. 1E-5 con-
tains array I-V characteristic data as a function of time from periapsis.
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Table 8. iE-4. Orbiter Solar Array Characteristics,
Conical Array
POWER AT MAXIMUM VOLTAGE AT OPEN CIRCUIT SHORT CIRCUIT
SUN ANGLE TEMPERATURE 28 VOLTS POWER MAXIMUM VOLTAGE CURRENT
[RAD (DEG)] (OC) (W) (W) POWER (V) (V) (A)
THOR/DELTA 0.33 RADIAN (19-DEGREE) CONE 160.07 GIGAMETERS (1.07 AU),
150 PARALLEL BY 77 SERIES, 225.7 WATTS, UNDEGRADED
0 (0) 4 131.0 154.0 36 43 4.78
0.26(15) 2 127.6 149.4 36 45 4.65
0.54 (30) 4 136.3 165.5 37 46 4.94
0.79 (45) 6 147.6 180.5 37 46 5.34
1.05 (60) 7 150.8 185.4 38 46 5.46
1.31 (75) 4 145.2 181.1 38 46 5.25
1.59 (90) -4 129.7 167.1 39 48 4.67
1.83 (105) -22 105.5 143.3 42 50 3.79
THOR/DELTA 0.33 RADIAN (19-DEGREE) CONE 160.07 GIGAMETERS (1.07 AU),
150 PARALLEL BY 77 SERIES, 225.7 WATTS, DEGRADED (5.8E 13-1 MEV)
0 (0) 4 126.8 144.3 35 42 4.64
0.26 (15) 2 123.5 140.5 35 44 4.53
0.54 (30) 4 132.1 155.5 36 45 4.82
0.79 (45) 6 143.2 169.6 36 45 5.21
1.05 0) 7 146.4 174.0 36 45 5.33
1.31 75) 4 141.0 170.0 37 45. 5.11
1.57 (90) -4 126.1 156.9 38 47 4.55
1.83 (105) -22 102.6 134.8 40 49 3.69
ATLAS/CENTAUR 0.33 RADIAN (19-DEGREE) CONE 160.07 GIGAMETERS (1.07 AU),
180 PARALLEL BY 77 SERIES, 276 WATTS, DEGRADED (5.8E 13-1 MEV)
0 (0) 4 152.2 173.2 35 42 5.57
0.26 (15) 2 148.3 168.7 35 44 5.44
0.54 (30) 4 158.5 186.6 36 45 5.79
0.79 (45) 6 171.9 203.5 36 45 6.25
1.05 (60) 7 175.6 208.9 36 45 6.39
1.31 (75) 4 169.2 204.0 37 45 6.14
1.57 (90) -4 151.3 188.3 38 47 5.47
1.83 (105) -22 123.1 161.8 40 49 4.43
THOR/DELTA 0.33 RADIAN (19-DEGREE) CONE 106.96 GIGAMETERS (0.715 AU),
150 PARALLEL BY 77 SERIES, 225.7 WATTS, UNDEGRADED
0 (0) 67 265 265 28 35 11.0
0.26 (15) 64 265 265 28 37 10.8
0.54 (30) 64 294 297 29 37 11.5
0.79 (45) 69 313 314 29 37 12.5
1.05 (60) 71 318 318 29 37 12.7
1.31 (75) 67 311 314 30 38 12.2
1.57 (90) 57 291 303 31 39 11.0
1.83 (105) 40 247 274 34 42 9.07
THOR/DELTA 0.33 RADIAN (19-DEGREE) CONE 106.96 GIGAMETERS (0.715 AU),
150 PARALLEL BY 77 SERIES, 225.7 WATTS, DEGRADED (7E 14-1 MEV)
0 (0) 67 177 201 25 31 9.66
0.26 (15) 64 188 203 25 34 9.51
0.54 (30) 64 220 226 26 34 10.1
0.79 (45) 69 229 239 26 34 10.9
1.05 (60) 71 231 242 26 34 11.1
1.31 (75) 67 234 239 26 35 10.1
1.57 (90) 57 231 231 28 36 9.66
1.83 (105) 40 205 209 30 39 7.16
ATLAS/CENTAUR 0.33 RADIAN (19-DEGREE) CONE 106.96 GIGAMETERS (0.715 AU),
180 PARALLEL BY 77 SERIES, 276 WATTS, DEGRADED (7E 14-1 MEV)
0 (0) 67 212 242 25 31 11.5
0.26 (15) 64 226 244 25 34 11.4
0.54 (30) 64 264 271 26 34 12.1
0.79 (45) 69 276 287 26 34 13.1
1.05 (60) 71 278 296 26 35 13.4
1.31 (75) 67 281 287 26 35 12.9
1.57 (90) 57 277 277 28 36 15.9
1.83 (105) 40 246 250 30 39 9.55
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Table 8. iE-4. Orbiter Solar Array Characteristics,
Conical Array (Continued)
POWER AT MAXIMUM VOLTAGE AT OPEN CIRCUIT SHORT CIRCUITSUN ANGLE TEMPERATURE 28 VOLTS POWER MAXIMUM VOLTAGE CURRENT[RAD (DEG)] (oC) (W) • (W) POWER (V) (V) (A)
THOR/DELTA CYLINDER, 160.07 GIGAMETERS (1.07 AU), 138 PARALLEL BY 77 SERIES,
227 WATTS, DEGRADED (5.8E 13-1 MEV)
0 (0) -107 0 0 0 0 0
0.26 (15) -67 23.4 31.1 42 53 0.85
0.54 (30) -39 55.1 73.6 41 51 1.98
0.79 (45) -22 83.9 109.2 40 49 3.02
1.05 (60) -11 105.3 133.7 39 47 3.8
1.31 (75) -7 118.2 149.0 39 47 4.27
1.58 (90) -7 122.0 154.4 38 47 4.42
1.83 (105) -7 118.2 149.0 39 47 4.27
THOR/DELTA CYLINDER, 160.07 GIGAMETERS (1.07 AU), 138 PARALLEL BY 77 SERIES,
227 WATTS, UNDEGRADED
0 (0) -107 0 0 0 0 0
0.26 (15) -67 24.1 33.1 44 • 54 0.87
0.54 (30) -39 56.6 78.2 42 52 2.03
0.79 (45) -22 86.2 116.1 41 50 3.10
1.05 (60) -11 108.0 142.2 40 48 3.89
1.31 (75) -7 121.6 158.7 40 48 . 4.37
1.57 (90) -7 125.9 164.8 40 48 4.53
1.83 (105) -7 121.0 158.7 40 48 4.37
ATLAS/CENTAUR CYLINDER, 160.07 GIGAMETERS (1 .07 AU), 168 PARALLEL BY 77 SERIES,
276 WATTS, DEGRADED (5.8E 13-1 MEV)
0 (0) -107 0 0 0 0 0
0.26 (15) -67 28.5 37.9 42.0 53 1.03
0.52 (30) -39 67.1 89.6. 41.0 51 2.41
0.79 (45) -22 102.0 133.0 40.0 49 3.68
1.05 (60) -11 128.2 162.7 39.0 .47 4.62
1.31 (75) -7 143.9 181.4 39.0 47 5.19
1.57 (90) -7 149.0 188.4 39.0 47 5.38
1.83 (105) -7 143.9 181.4 39.0 47 5.19
ATLAS/CENTAUR CYLINDER, 106.96 GIGAMETERS (0.715 AU), 168 PARALLEL BY 77 SERIES,
276 WATTS, DEGRADED (7E 14-1 MEV)
0 (0) -70 0 0 0 0 0
0.26 (15) -19 .62.5 71.9 35 45 2.29
0.52 (30) 15 140 150 33 41 5.23
0.79 (45) 35 206 212 31 39. 7.9
1.05 (60) 48 247 248 29 .37. 9.86
1.31 (75) 54 269 269 28 37 11.0
1.57 (90) 54 278 278 28 . 37 11.4
1.83 (105) 54 269 269 28 37 11.0.
THOR/DELTA CYLINDER, 106.96 GIGAMETERS (0.715 AU), 138 PARALLEL BY 77 SERIES,
227 WATTS, DEGRADED (7E 14-1 MEV)
0 (0) -70 0 0 0 0 0
0.26 (15) -19 51 59 35 45 1.88
0.52 (30) 15 115 123 33 41 4.30
0.79 (45) 35 169 174 31 39 6.49
1.05 (60) 48 203 204 29 37 8.10
1.31 (75) 54 221 221 28 37 9.06
1.57 (90) 54 228 228 28 39 9.36
1.83 (105) 54 221 221 28 37 9.06
THOR/DELTA CYLINDER, 106.96 GIGAMETERS (0.715 AU), 138 PARALLEL BY 77 SERIES,
227 WATTS, UNDEGRADED
0 (0) -70 0 0 0 0 0
0.26 (15) -19 60 77 40 '48 2.15
0.52 (30) 15 135 161 36 45 4.9
0.79 (45) 35 202 228 34 42 7.39
1.05 (60) 48 249 267 33 41 9.23
1.31 (75) 54 275 290 32 40 10.3
1.57 (90) 54 284 300 31 40 10.6
1.83 (105) 54 275 290 32 40 10.3
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Figure 8. 1E-9. Orbiter Array Power Versus Sun Angle 276. 6 Watt Atlas/Centaur
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Figure 8. 1E-10. Solar Array Temperature History Near Periapsis
4. CONE ANGLE SELECTION
Figure 8. IE-I shows array power output as a function of cone
angle for the spin-axis-perpendicular and earth-pointing configurations.
At the study midterm briefing, a 0. 33-radian (19-degree) cone angle was
selected as the best compromise for the orbiter (spin-axis-perpendicular)
8. tE-lO
T/D III
Table 8. i-5. Thor/Delta Orbiter (225. 7 Watts), Hot Periapsis
Pass Data, Sun Angle = 1. 57 rad (90 deg)
TIME FROM ARRAY POWER AT POWER AT VOLTAGE AT SHORT CIRCUIT
TIME FROM ARRAY POWER AT MAXIMUM OPEN CIRCUIT C
PERIAPSIS TEMPERATURE 28 VOLTS M MAXIMUM VOLTAGE CURRENT
(MIN) (oc) (W) (W) PV) (V) (A)
0.33 RADIAN (19-DEGREE) CONE, 150 PARALLEL BY 77 SERIES
-12 59 227.4 227.6 27 36 9.67'
-8 64 217.9 220.4 27 35 10.13
-4 74 191.4 218.7 24 32 10.85
0 91 153.2 281.4 22 31 15.43
4 105 25.7 276.8 20 28 16:9
8 108 9.54 252.7 19 28 15.9
12 98 70.6 239.5 21 30 14.1
20 85 148.7 222.4 23 32 11.9
30 71 202.9 232.2 25 34 10.8
40 65 215.0 220.0 26 35 10.3
80 60 225.7 226.3 27 36 9.67
CYLINDER, 138 PARALLEL BY 77 SERIES
-12 55 227.2 227.2 28 37 9.36
-8 60 220.0 220.6 27 36 9.91
-4 71 202.3 222.3 25 34 10.72
0 89 186.7 291.7 23 31 15.62
4 102 66.4 286.2 21 29 16.89
8 104 38.6 270.7 20 29 16.29
12 103 41.9 235.2 20 29 14.32
20 82 170.9 230.0 23 32 11.96
30 69 209.0 225.6 25 34 10.72
40 63 214.5 218.7 26 35 10.04
80 62 216.4 217.5 27 36 9.39
e
= 0 RAD (0 DEG)
= 1.57 RAD (90 DEG)
0 ANGLE\
CURRENT REDUCED CURRENT
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DUE TO HIGHER
ARRAY TEMPERATURES
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250 I I 250
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Figure 8. 1E-11. Solar Array Cone Angle Trade
8.1E-ii
WT/D III
and probe bus (earth-pointing) missions. The preferred Atlas/Centaur
spacecraft configuration is two earth pointers. The right-hand graph in
Figure 8. IE-i shows that a cone angle of 0.39 radian (22.5 degrees) pro-
vides nearly equal power at 0 and 1.57 radians (0 and 90 degrees). There-
fore, 0.39 radian (22.5 degrees) was selected as the cone angle for the
orbiter/probe bus earth-pointing missions. (The power levels shown in
the figure are for the design as it existed during the mid-term presenta-
tion at NASA Ames).
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APPENDIX 8. 1F
ELECTRICAL POWER REQUIREMENTS
The electrical power requirements for the various probe bus and
orbiter configurations considered during the study are listed in the follow-
ing tables. Estimated power consumption at the unit equipment level for
several critical phases of the mission is also given. The following con-
figurations are included.
Table Configuration
8. 1F-I Probe Bus With Version IV Science (Preferred Atlas/Centaur
Configuration)
8. 1F-2 Orbiter With Version IV Science (Preferred Atlas/Centaur
Configuration)
8. 1F-3 Probe Bus With Version III Science (Preferred Thor/Delta
Configuration)
8. 1F-4 Orbiter With Version III Science, 31-Watt Transmitter, and
Fanbeam/Fanscan Antennas (Preferred Thor/Delta
Configuration)
8. IF-5 Probe Bus With Version III Science (Atlas/Centaur)
8. 1F-6 Orbiter With Version III Science, 12-Watt Transmitter, and
Fanbeam/Fanscan Antennas (Thor/Delta)
8. IF-7 Orbiter With Version III Science and Despun Reflector Antenna.
(Thor/Delta)
8. IF-8 Orbiter With Version III Science, 31-Watt Transmitter, and
Fanbeam/ Fans can Antennas (Atlas / Centaur)
8. 1F-9 Orbiter With Version III Science, 12-Watt Transmitter, and
Fanbeam/Fanscan Antennas (Atlas/Centaur)
8. 1F-10 Orbiter With Version IV Science, and Despun Reflector Antenna
(Atlas / Centaur)
8. iF-i
Table 8. 1F-1. Probe Bus With Version IV Science (Preferred
Atlas/Centaur Configuration)
PROBE BUS - 6W PA, A/C 11.16.28. 05/18/73.
ELECTRICAL POWER REQUIREMENTS
1 2 3 4 5 6
SCIENCE
NEUTRAL MASS SPECTROMETER 0.0 0.0 0.0 14.4 0.0
ION MASS SPECTROMETER 0.0 0.0 0.0 0.0 3.0 0.0
ELECTRON TEMP PROBE 0.0 0.0 0.0 0.0 3.6 0.0
UV SPECTROMETER 0.0 0.0 0.0 0.0 1.8 0.0
RETARDING POTENTIAL ANAL 0.0 0.0 0.0 0.0 3.0 0.0
SUBTOTAL 0.0 0.0 0.0 0.0 25.8 0.0
DATA HANDLING
DIGITAL TELEMETRY UNIT 3.6 3.6 3.6 3.6 3.6 3.6
DIGITAL DECODER UNIT .3 .3 .3 .3 .3 .3
SU--- BTOTA L 3.9 3.9 3.9 3.9 3.9 3.9
COMMUNICATIONS
S-BAND RECEIVERS (2 ON) 3.4 3.4 3.4 3.4 3.4 3.4
S-BAND XMTR DRIVER 1.3 1.3 1.3 13  3 1.3
S-BAND PWR AMPL 22.0 22.0 22.0 22.0 22.0 22.0
SUBTOTAL 26.7 26.7 26.7 26.7 26.7 26.7
ACS/PROPULSION
CONTROL ELECTR ASSY/SS 1.7 1.7 1.7 1.7 1.7 1.7
PRESSURE TRANSDUCER .4 .4 .4 .4 .4 .4
SUBTOTAL 2.1 2.1 2.1 2.1 2.1 2.1
ELECTRICAL PWR/CONTROL
PCU 4.0 4.0 4.0 4.0 4.0 4.0
COMMAND DISTRIBUTION UNIT 2.1 2.1 2.1 2.1 2.1 2.1
CONVERTER LOSSES (60 PCT) 8.1 8.1 8.1 8.1 8.1 8.1
SUBTOTAL 14.2 14.2 14.2 14.2 14.2 14.2
THERMAL
Table 8. 1F-1. Probe Bus With Version IV Science (Preferred
Atlas/C entaur Configuration)(Continued)
PROPELLANT HEATERS 0.0 0.0 6.0 6.0 6.0 0.0
SUBTOTAL 0.0 0.0 6.0 6.0 6.0 0.0
SPACECRAFT SUBTOTAL 1 46.9 46.9 52.9 52.9 78.7 46.9
CABLE LOSSES (SPACECRAFT) .9 .9 1.1 1.1 1.6 .9
EATTERY CHARGING 0.0 0.0 0.0 0.0 0.0 0.0
SPACECRAFT SUBTOTAL 2 47.8 47.8 53.9 53.9 80.2 47.8
SUBTOTAL 3 (LESS SCI) 47.8 47.8 53.9 53.9 54.4 47.8
p-
CONTINGENCY (10 PCT) 4.8 4.8 5.4 5.4 5.4 4.8
TOTAL PRIMARY BUS LOAD 52.6 52.6 59.3 59.3 85.7 52.6
1 2 3 4 5 6
1. LAUNCH,6WNO SCINO HTR
2. TRANSIT,6WCRUISE SCI ONNO HTR
3. TRANSIT,6W,CRUISE SCIHTR ON
4. TRANSIT,6WCRUISE SCIHTR
5. ENCOUNTER,6WALL SCI ON
6. UNDERVOLTAGE - NON-ESSENTIAL LOADS OFF
TAPE2=VBJXPPTAPE4=CONV6AAVENBJ1
Table 8. 1F-2. Orbiter With Version IV Science (Preferred
Atlas / Centaur C onfiguration)
ORBITER-6W PA EARTH PTR,A/C 11.16.39. 05/18/73.
ELECTRICAL POWER REQUIREMENTS
1 2 3 4 5 6 7 8 9 10 11 12
SCIENCE
MAGNETOMETER 0.0 4.8 4.8 4.8 4.8 4.8 4.8 4.8 4.8 0.0 0.0 0.0
SOLAR WIND ANALYZER 0.0 0.0 0.0 0.0 0.0 6.0 6.0 6.0 6.0 0.0 0.0 0.0
ELECTRON TEMPERATURE PROBE 0.0 0.0 0.0 0.0 0.0 3.0 3.0 3.0 3.0 
0.0 0.0 0.0
NEUTRAL MASS SPECTROMETER 0.0 0.0 0.0 0.0 0.0 14.4 14.4 14.4 14.4 0.0 0.0 0.0
ION MASS SPECTROMETER 0.0 0.0 0.0 0.0 0.0 2.4 2.4 2.4 2.4 0.0 0.0 0.0
UV SPECTROMETER 0.0 0.0 0.0 0.0 0.0 7.2 7.2 7.2 7.2 0.0 0.0 0.0
IR RACIOMETER 0.0 0.0 0.0 0.0 0.0 7.2 7.2 7.2 7.2 0.0 0.0 0.0
X-BAND OCCULTATION 0.0 0.0 0.0 0.0 0.0 14.4 14.4 14.4 14.4 0.0 0.0 0.0
RADAR ALTIMETER 0.0 0.0 0.0 0.0 0.0 48.0 0.0 0.0 0.0 0.0 0.0 0.0
SUBTOTAL 0.0 4.8 4.8 4.8 4.8 107.4 59.4 59.4 59.4 0.0 0.0 0.0
DATA HANDLI NG
r DIGITAL TELEMETRY UNIT 3.9 3.9 3.9 3.9 3.9 3.9 3.9 3.9 3.9 3.9 0.0 0.0
DATA STORAGE UNIT 0.0 0.0 0.0 0.0 0.0 4.5 4.5 0.0 0.0 0.0 0.0 0.0
-- IGITAL DECODER UNIT .3 .3 .3 .3 .3 .3 .3 .3 .3 .3 0.0 0.0
SUBTOTAL 4.2 4.2 4.2 4.2 4.2 8.7 8.7 4.2 4.2 4.2 0.0 0.0
COMMUNICATIONS
S-BAND RECEIVERS (2 ON) 7.0 7.0 7.0 7.0 7.0 7.0 7.0 7.0 7.0 7.0 0.0 
0.0
S-BAND XMTR DRIVER 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 0.0 0.0
S-BAND PWR AMPL 22.0 22.0 22.0 22.0 22.0 22.0 22.0 22.0 22.0 22.0 0.0 0.0
SUBTOTAL 32.5 32.5 32.5 32.5 32.5 32.5 32.5 32.5 32.5 32.5 0.0 0.0
ACS/PROPULSION
CONTROL ELECTR ASSY/SS 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 0.0 0.0
PRESSURE XDUCER .4 .4 .4 .4 .4 .4 .4 .4 .4 .4 0.0 0.0
CONSCAN PROCESSOR 0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0
SUBTOTAL 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 0.0 0.0
ELECTRICAL PWR/CONTROL
PCU 4.0 4 .0 4.0 4.0 4.0 4.0 4.0 4.0 4.0 4.0 0.0 0.0
Table 8. IF-2. Orbiter With Version IV Science (Preferred
Atlas / Centaur C onfiguration)(C ontinued)
C__OMMAND DISTR UNIT 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 0.0 0.0
CONVERTER LOSSES (60 PCT) 5.1 5.1 5.1 5.1 5.1 8.1 5.1 5.1 5.1 5.1 0.0 0.0
SUBTOTAL 11.2 11.2 11.2 11.2 11.2 14.2 11.2 11.2 11.2 11.2 0.0 0.0
THERMAL
PROPELLANT HTRS 0.0 0.0 6.0 6.0 6.C 6.0 6.0 6.0 6.0 0.0 0.0 0.0
SUBTOTAL 0.0 0.0 6.0 6.0' 6.0 6.0 6.0 6.0 6.0 0.0 0.0 0.0
SPACECRAFT SUBTOTAL 1 50.0 54.8 60.8 60.8 60.8 170.9 119.9 115.4 115.4 50.0 0.0 0.0
CABLE LOSSES (SPACECRAFT) 1.0 1.1 1.2 1.2 1.2 3.4 2.4 2.3 2.3 1.0 0.0 0.0
BATTERY CHARGING 0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0 25.0 0.0 0.0 0.0
_SPACECRAFT SUBTOTAL 2 51.0 55.9 62.0 62.0 62.0 174.4 122.3 117.7 142.7 51.0 0.0 0.0
SUBTOTAL 3 (LESS SCI) 51.0 51.1 57.2 57.2 57.2 67.0 62.9 58.3 83.3 51.0 0.0 0.0
CONTINGENCY (10 PCTI 5.1 5.1 5.7 5.7 5.1 6.7 6.3 5.8 8.3 5.1 0.0 0.0
TOTAL PRIMARY BUS LOAD 56.1 61.0 67.8 67.8 67.8 181.0 128.6 123.6 151.1 56.1 0.0 0.0
1 2 3 4 5 6 7 8 9 10 11 12
1. LAUNCH,6W,NO SCINO HTR
2. TRANSIT,6W,CRUISE SCI ON,NO HTR
3. TRANSIT96WCRUISE SCI.HTR ON
4. TRANSIT,6WCRUISE SCIHTR
5. TRANSIT,6WCRUISE SCI
6. SHORT ECLIPSE,6WALL SCIOSU ON (PERIAPSIS)
7. POST ELLIPSE,6wALL SCIRADAR OFF
8. LONG ECLIPSE,6WDUTY SCI OFF
9. POST ELCIPSE96WDUTY SCI OFF,BATT CHARGING ON
10. UNDERVOLTAGE -- NON-ESSENTIAL LOADS OFF
Table 8. 1F-3. Probe Bus With Version III Science (Preferred
Thor/Delta Configuration)
FRCEE ELS - 6k PA, T/C 09.34.49. C4/10/73.
ELECTRICAL POWER REQLIREPENTS
1 2 3 4 5 6
SCIENCE
MAGNETCVETER C.C 3.5 3.5 3.5 3.5 C.0
UV FLCURESCEN1 0.0 0.0 C.C 0.0 2.5 O.C
ICN PASS SPECTRCVETER 0.0 C.0 C.C C.0 2.0C 0.0
NEUTRAL MASS SFECTFREMEER O.0 O.C C.C C.G 5. 0.0
ELECIRCN TEMP FRCEE 0.C 0.0 C.C 0.0 2.0 0.0
SLETCTAL 0.0 3.5 3.5 3.5 15.S5 .0
CATA IAfCLING
DICIIAL TELEMETRY L-IT .. 3.6 3.6 3.6 3.6 3.6 3.6
DIGITAL CECCOE UNIT .3 .3 .3 .3 .3 .3
SSLBTCTAL 3.5 3.9 3.5 3.9 3.9 3.9
C 0 l PUNICAT I NS
S-ANE PECEIVERS (2 ChN 7.0 1.0 I7. 7.0 7.C 7.0
S-EANC XMIR ORIVER 3.5 3.5 3.5 3.5 3.5 3.5
S-EANC PWR AnFL 15.0 15.C 15.C 22.0 22.C 22.0
SLETCTAL 25.5 25.5 25.5 32.5 32.5 32.5
ACS/FCPLLSICN
CLETCL ELECTR A!!Y/SS 1.7 1.7 1.7 1.7 1.7 1.7
FRESSLFE TRANSCUCER .4 .4 .4 .4 .4 .4
SUBTGTAL 2.1 2.1 2.1 2.1 2.1 2.1
ELECTRICAL PhR/CNRRCL
PCL 4.0 4.0 4.0 4.0 4.C 4.0
CCOMANC CISTRIELIICN NhlT 2.1 2.1 2.1 2.1 2.1 2.1
CCNVERTER LCSSE (IC FC1) 3.2 3.2 3.2 3.2 3.2 3.2
SLBTCTAL 5.3 S.3 S.3 S.3 S.3 9.3
ThEFOAL
Table 8. 1F-3. Probe Bus With Version III Science (Preferred
Thor/ Delta Configuration)(Continued)
PRCPELLANT VEATERS . 0.C C.0 6.C 6.0 6.C 0.0
SLETCTAL 0.0 0.0 t.C 6.0 6.0 0.0
SPACECRAFI SLETCTAL I 40.8 44.3 5C.3 57.3 65.7 47.8
CAELE LCSSES (SPACECRAFT) .8 .S 1.0 1.1 1.4 1.0
EATTERV CIARGlhG O.G C.C C.C C.0 0.C 0.0
SPACECRAFT SL8TCTAL 2 41.6 45.2 51.3 58.4 71.1 48.7
CCTTINCENCY (1C PCI) 4.2 4.5 5.1 5.8 7.1 4.9
TCTAL PRIPARY ELS LCAC 45.7 45.7 56.4 64.3 78.2 53.6
-J.
1 2 3 4 5 6
1. LAUIC-,3W,C !CI,hC I-IF
2. TRANSIT,3khCRLISE SCI (.,!C HITP
3. TRANS.1T,3h,CLISE SCI,-T Ch
4.. RANSIT,6k,CRLISE SCI,FTO
5. EhCCLNTER,6k,,ALL SCI (h
6. LNCERVCLTACE -- NNh-ESSEITIAL LCACS CFF
TAPE2=VEJXP,1APE4=CCV6
Table 8. 1F-4. Orbiter With Version III Science, 31-Watt Transmitter, and
Fanbeam/Fanscan Antennas (Preferred Thor/Delta
Configuration)
CRBITER-35W TkTA FANBEAV,T/D 09.34.56. 04/10/73.
ELECTRICAL PGWER REQUIREMENTS
1 2 3 4 5 6 7 8 9 10 11 12
SCIENCE
.ACNETCVETE O.C 3.0 3.C 3.0 3.C 3.0 3.0 3.0 3.0 0.0 0.0 0.0
LV SFECTRCPETER 0.0 C.0 C.C 0.0 C.C 8.0 8.0 8.0 8.0 0.0 0.0 0.0
ICh MASS SFECTRCMETER 0.0 0.0 C.O 0.0 0.0 1.0 1.0 1.0 1.0 0.0 0.0 0.0
IR RACIEMETER C.C 0.0 C.GC .0 C.C 6.0 6.0 0.0 6.0 0.0 0.0 0.0
NELTRAL MASS SFECTIRCETER 0.0 0.0 0.0 0.0 O.C 12.0 12.C 12.0 12.0 0.0 0.0 0.0
ELECTRCN TEMP PROEE C0.0 .0 C.C 0.0 0.0 2.0 2.0 0.0 2.0 0.0 0.0 0.0
RACAR A-LT IV ETER 0.0 C.0 C.C 0.0 0.0 25.0 0.0 0.0 0.0 0.0 0.0 0.0
SOTCGTAL 0.C 3.0 3.0 3.0 3.C 57.0 32.0 24.0 32.0 0.0 0.0 0.0
CATIA I-PCLINGh
S IGITAL TELEMETRY LIIT 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 0.0 0.0
( AA STCpACE LIT 0.0 C.0 C.C 0.0 C.C 4.5 4.5 0.0 4.5 0. 0.0 0.0
DIGITAL CECCDER LNIT .3 .3 .3 .3 .3 .3 .3 .3 .3 .3 0.0 0.0
SUETCTAL 3.5 3.9 3.S 3.9 3., 8.4 8.4 3.9 8.4 3.9 0.0 0.0
CCLhLN ICAT ILNS
S-EANC FECEIVERS (2 Lh) 7.0 7.C0 7.C 7.C 7. 7.0 7.C 7.0 7.0 7.0 0.0 0.0
S-EANC XMTR CRIVER 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 0.0 0.0
S-P AC ThTA 55.0 55.C 55.0 55.0 106.C 1C6.C 106.0 106.0 106.C 106.0 0.0 0.0
SLBICTAL 65.5 L5.5 65.5 E5.5 116.5 116.5 116.5 116.5 116.5 116.5 0.0 0.0
ACS/FPC LSIC
CCNTRCL ELECTR AESY/SS 1 1. 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 0.0 0.0
PRESSURE XCUCER .4 .4 .4 .4 .4 .4 .4 .4 .4 .4 0.0 0.0
SLBICTAL 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 0.0 0.0
FLECIfICAL PhR/CChTFCL
PCL 4.0 4.0 4.0 4.0 4.0 4.C 4.0 4.0 4.0 4.0 0.0 0.0
CCPANC CISTR LNIT 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 0.0 0.0
C-CNr-iE-RTER -LCSSES 17C FCI) 3.2 3.2 3.2 3.2 3.2 5.1 3.2 3.2 3.2 3.2 0.0 0.0
Table 8. IF-4. Orbiter With Version III Science, 31-Watt Transmitter, and
Fanbeam/Fanscan Antennas (Preferred Thor/Delta
Configuration)(C ontinued)
SLBTCTAL 9.3 5.3 9.3 9.3 5.3 11.2 9.3 9.3 9.3 9.3 0.0 0.0
IFERPtL
FECPELLANT iTRS C.C C.C 6.C 6.0 6.0 6.C 6.0 6.0 6.C 0.0 0.0 0.0
SLBTOTAL 0.0 0.0 6.C 6.0 6.C 6.0 6.0 6.0 6.C 0.C 0.0 0.0
SPACECRAFT SLeICTAL 1 80.8 83.8 8S.8 89.8 140.8 201.2 174.3 161.8 174.3 131.8 0.0 0.0
CAELE LtSSES (SPACECRAFT) 1.6 1.7 1.8 1.8 2.8 4.0 3.5 3.2 3.5 2.6 0.0 0.0
EATTERY CHARGING 0.0 0.C C.O C.0 0.0 0.0 0.0 0.0 25.0 0.0 0.0 0.0
SFACECRAFI SLBTCTAL 2 82.4 E5.4 S1.6 51.6 143.6 205.2 177.8 165.0 202.8 134.4 0.0 0.0
CCTINGENCY (1C PCT) 8.2 8.5 S.2 S.2 14.4 20.5 17.8 16.5 20.3 13.4 0.0 0.0
TCTAL PPIMARY ELS LCAE 90.6 54.C ICC.7 100.7 157.9 225.7 155.5 181.5 223.0 147.8 0.0 0.0
1 2 3 4 5 6 7 8 9 10 11 12
1. LALNChIFlt,NL SCI, C FTI
2. TFANSII,16k ,CRUISE SCI ( ,N(C hTR
3. IFANSII,16 ,CRLISE SCI,FTP Lh
4. TRANS[1.,16k,CRLISE SCI,ITR
5. TPANSI1,35 ,CRLIS-E SCI
6. FCRI' ECL FSE,35 ,ALL SCI,CSL (h (PERIAPSIS)
7. FCST ELLIFSE.,35h,ALL SCI,FACAN CFF
E. LChG ECLIPSE,35h,CLTY SCI CFF
9. FCST ELCIPSE,35k,CLTY SCI CFF,BATT CFARGING CK
10. LhCERVOLTAGE -- NCN-ESSENTIAL LCACS CFF
11.
12.
TAPE2=VEJXCTTAP E4=CINEE
Table 8. IF-5. Probe Bus With Version III Science (Atlas/Centaur)
FROBE eLS - 8 ThTA, A/C 09.35.17. C4/10/73.
ELECTRICAL PGkEP REQUIREMENTS
1 2 3 4 5 6
SCIENCE
P AG CEC TER 0.C 4.0 4.C 4.0 4.C 0.0
UV FLCLPESCENT C.C C.C C.C C.0 4.C 0.C
ICNh PSS SFECTRCPETE O.C 0.0 C.0 0.0 2.C 0.C
NEUTRAL- MASS SPECTRCVEIER 0.C C.0 C.C C.0 12.C C.0
ELECTPCN TEMP PFC8E 0.C C.C C.C C.0 2.5 0.0
SLeTTAL 0.0C 4.C 4.C 4.0 24.5 0.0
CATA -ANCLINC
CIGITAL TELEMEIRi LhI1 3.6 3.6 3.6 3.6 3.6 3.6
CIGITAL CECCCER LNhI .3 .3 .3 .3 .3 .3
SLBTCTAL 3.S 3.5 3.9 3.9 3.9 3.9
l CClPLNICATIChS
S-EANC PECEIVERS (2 Ch) 3.4 3.4 2.4 3.4 3.4 3.4
0 S-ENhC XMTP CRIVER 1.3 1.3 1.3 1.3 1.3 1.3
S-EANC ThkT 28.0 28.0 28.0 28.0 28.0 28.0
SLETCTAL 32.7 22.7 32.7 32.7 32.7 32.7
ACS/PRCPLLSICN
C(CTFCL ELECTR 4SSY/SS 1.7 1.7 1.7 1.7 1.7 1.7
FRESSLRE TRANSCUCER .4 .4 .4 .4 .4 .4
SLETCTAL 2.1 2.1 2.1 2.1 2.1 2.1
ELECTRICAL FhR/CLATFCL
PCU 4.C 4.0 4.C 4.0 4.0 4.0
CCtAtO CISIRIELTIC UNhlT 2.1 2.1 2.1 2.1 2.1 2.1
CCKVERTER LCSSES (7C PC) 8.1 8.1 E.1 8.1 8.1 8.1
SLBTCTAL 14.2 14.2 14.2 14.2 14.2 14.2
IEPM AL
Table 8. 1F-5. Probe Bus With Version III Science (Atlas/Centaur)(Continued)
FRCPELLANT -EATERS 0.0 0.0 (.G 6.0 6.0C 0.0
SUETCTAL C.C C.0 6.C 6.0 6.C 0.0
SPACECRAFT SLETCTAL 1 52.5 6.5 62.S 62.9 83.4 52.9
CAELE LCSSES (SPACECRAFT) 1.1 1.1 1.3 1.3 1.7 1.1
EATTER' C~ARGING 0.0 0.0 C.C 0.0 C.C 0.C
SPACECRAFT SL TGTAL 2 53.9 58.0 64.1 64.1 85.0 53.9
CCNTINGENCY (IC PC1) 5.4 5.8 6.4 6.4 8.5 5.4
TCTAL FFInARY ELS LCAC 9.3 63.8 1C.5 70.5 93.5 59.3
1 2 3 4 5 6
1. LAUNC-869NG !CIhC FlP
2. TRAhSII,8,CFLISE SCI [hh( -TH
3. TRANSIT,8kCRL1SE SCI-TPR CN
4. TPANSIT,8,kCRLISE SCIOTF
5. ENCCLNTER9,8,ALL SCI (h
6. UNCERVCLTIGE -- iNEh-ESSEhNIAL LCACS OFF
TAFE2=VeJXPATAFE4=CC[V6 A
Table 8. 1F-6. Orbiter With Version Ill Science, 12-Watt Transmitter,
and Fanbeam/Fanscan Antennas (Thor/Delta)
GRBITER-12% PA FANBEAM, T/D C9.35.11. 04/1C/73.
ELECTRICAL FC ~ REUIREPENTS
1 2 3 4 5 6 7 8 9 10 11 12
SCIE CE
PACbGECETEF C.C 3.0 3.0 3.0 3.0 3.0 3.0 3.0 3.0 0.0 0.0 0.0
LL SFECTRCETER 0.0 0.0 C.G C.0 0.C 8.0 8.0 8.0 8.0 0.0 0.0 0.0
ICN PASS SFECTRCMETER C.0 0.0 C.L 0.0 0.0 1.0 1.0 1.0 1.0 0.0 0.0 0.0
IR RPAICHMTER 0.C 0.0 C.C 0.0 G.C 6.0 6.0 0.0 6.0 0.0 0.0 0.0
NEUTRAL MASS SFECTPCVETER 0.0 0.0 C.0 0.0 0.0 12.0 12.0 12.0 12.C 0.C 0.0 0.0
ELECTRCh TEMP FPCEE 0.0 C0.0C C.0 0.0 C.C 2.C 2.0 0.0 2.0 0.0 0.0 0.0
RACAR ALTIIETE 0.0 0.0 C.C 0.0 0.0 25.0 0.0 0.0 0.0 0.0 0.0 0.0
SLeTCTAL 0.0C 3.0 3.0 3.0 3.0 57.0 32.0 24.0 32.0 0.0 0.0 0.0
DATA IFAALING
CIGITAL TELEMETRY LIT 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 0.0 0.0
EATA STCRAGE LhIT 0.0 0.0 C.G 0.0 0.0 4.5 4.5 0.0 4.5 0.0 0.0 0.0
DIGITAL LECtDER UNIT .3 .3 .3 .3 .3 .3 .3 .3 .3 .3 0.0 0.0
N SUTOTAL 3.9 3.9 3., 3, 3.5 8.4 8.4 3.9 8.4 3.9 0.0 0.0
CCFUNICAT ICS
S-EANC FECEIVERS 12 -CN) 7.C 7.0 7.0 7.0 7.C 7 .0 7.0 7.0 7.0 7.0 0.0 0.0
S-EANC XMTR DRIVER 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 0.0 0.0
S-BANC PWR AMFL 22.0 22.0 22.0 22.0 44.0 44.0 44.0 44.0 44.0 44.0 0.0 0.0
SLETCTAL 32.5 32.5 32.5 32.5 54.5 54.5 54.5 54.5 54.5 54.5 0.0 0.0
ACS/FFCFLLS IC
CCNTRCL ELECT ASSY/SS 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 0.0 0.0
PRESSURE XCUCER .4 .4 .4 .4 .4 .4 .4 .4 .4 .4 0.0 0.0
CCSCAh PROCESSOC 0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0
SLETCTAL 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 0.0 0.0
ELECTRICAL FWR/CCETRCL
PCL 4.C 4.0 4.C 4.0 4.0 4.0 4.0 4.0 4.0 4.C 0.0 0.0
CC ANC CISTR LNI-T 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 0.0 0.0
CoEVERTER LCSSES (7C FCT) 3.2 3.2 3.2 3.2 3.2 5.1 3.2 3.2 3.2 3.2 0.0 0.0
Table 8. 1F-6. Orbiter With Version III Science, 12-Watt Transmitter,
and Fanbeam/Fanscan Antennas (Thor/Delta)(Continued)
SLETCIAL 9.3 9.3 S.3 9.3 S.3 11.2 S.3 9.3 9.3 9.3 0.0 0.0
PRCPELLANT ITRS 0.0 0.0 6.0 6.0 6. 6. 66. .0 6..0 6.C 0.C 0.0 0.0
SLETCTAL 0.C C.C f.C 6.0 6.C 6.C 6.0 6.0 6.0 0.0 0.0 0.0
SPACECRAFT SLETGIAL 1 47.8 50.8 56.8 56.8 78.8 139.2 112.3 95.8 112.3 69.8 0.0 0.0
CAELE LCSSES (SPACECRAFT) 1.C 1.0 1.1 1.1 1.6 2.8 2.2 2.0 2.2 1.4 0.0 0.0
EAITERY CARGihG 0.0 C.0 0.0 0.0 0.C 0.0 0.0 0.0 25.0 0.0 0.0 0.0
SFACECRAFT SLETCTAL 2 48.7 51.8 57.e 57.9 8C.3 142.0 114.5 101.8 139.5 11.2 0.0 0.0
S CChTIhGEACY (10 C). . 4.5 5.2 5.8 5.8 8.G 14.2 11.5 10.2 14.C 7.1 0.0 0.0
TCTAL FFIIARY ELS LCAC 53.6 57.0 63.7 63.7 88.4 156.2 126.C 111.9 153.5 78.3 0.0 0.0
1 2 3 4 5 6 7 8 9 10 11 12
1. LAUNC-h,3,NC CINKC -1P
2. TRANSIT,3-,CRLISE SCI L1A%,h HTR
3. TRANSITI3k,CLISE SCII-TP C(
4. TRASITI,31,CRL[SE SCI,I-TR
5. TihANSIT,12h,CPUSE SCI
6. SE-RT ECLIFSE,12hLL SCI,CSU CN (PERIAPSIS)
7. PCST ELLIFSE,124,ALL SCIFACAR CFF
8. LhN ECLIPSF,12hCLTY SCI CFF
9. FCST ELCIFSE,12kh,CLTY SC CFF,BATT CHARGING CN
10. LNCERVOLTAGE -- NCh-ESSENTIAL LCACS CFF
11.
12.
1APE2=VEJXOAF,TtFE4=CCNVEE
Table 8. IF-7. Orbiter With Version III Science and Despun Reflector
Antenna (Thor/Delta)
CFBITER-12W PA CESPUN, T/D 09.35.14. 04/10/73.
ELECTRICAL PCwER REQUIREMENTS
1 2 3 4 5 6 7 8 S 10 11 12
SCIENCE
AGhETCMETER 0.0 3.0 3.0 3.0 3.C 3.0 3.0 3.0 3.0 0.0 0.0 0.0
UV SPECTRCPETEP 0.0 C.C C.G 0.0 0.0 8.0 8.0 8.0 8.0 0.0 0.0 0.0
ICh PASS SFECTPLETEF 0.C 0.0 C.G 0.0 C.C 1.0 1.0 1.0 1.0 0.0 0.0 0.0
IR RACICMETER 0.C 0.0 C.0 0.0 0.0 6.0 6.0 0.0 6.0 0.0 0.0 0.0
NEUTRAL MASS SPECTR(METER C.C C.0 C.C C.G C.C 12.0 12.0 12.0 12.0 0.0 0.0 0.0
ELECTRCN TEMP PRCBE 0.C .0.0 C.0 0.0 0.0 2.0 2.0 0.0 2.0 0.0 0.0 0.0
RACAR ALTIMETER C.C C.0 C.C 0.0 0.C 25.0 0.0 0.0 0.0 0.0 0.0 0.0
SLOBTTAL O.0 3.0 3.0 3.0 3.0 57.0 32.0 24.0 32.0 0.C 0.0 0.0
S CTA FIACLING
DIGITAL TELEMEIRY LUIT 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 0.0 0.0
DATA STCRAGE LIT O.C 0.0 C.G 0.0 0.0 4.5 4.5 0.0 4.5 0.0 0.0 0.0
DIGITAL CECCDER lNIT .3 .3 .3 .3 .3 .3 .3 .3 .3 .3 0.0 0.0
SUBTCTAL 3.5 3.9 3.9 3.9 3.5 8.4 8.4 3.9 8.4 3.9 0.0 0.0
CCPPbNICATICNS
S-EANC RECEIVERS (2 Ch) 7.0 7.0 7.0 7.0 7.0 7.0 7.0 7.0 07. 7.0 0.0 0.0
S-eANC XMTR DRIVER 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 0.0 0.0
S-EANC PWR AMFL 22.0 22.0 22.0 22.0 44.0 44.0 44.0 44.0 44.0 44.0 0.0 0.0
SLeTCTAL 32.5 32.5 32.5 32.5 54.5 54.5 54.5 54.5 54.5 54.5 0.0 0.0
ACS/FCFULSICN
CESPIN ELECTR ASSY C.C 0.0 C.C 1.5 1.5 1..5 1.5 1.5 1.5 1.5 0.0 0.0
DESPIN MECh ASSY 0.0 0.0 C.0 6.0 6.C 6.0 6.0 6.0 6.C 6.C 0.0 C.0
CCETRCL ELECTR' ASY/SS 1 1.7 1..7 7 1.7 1.7 1.7 1.7 1. 1 1.7 0.0 0.0
PRESSURE XDUCER .4 .4 .4 .4 .4 .4 .4 .4 .4 .4 0.0 0.0
CCfSCAN PPCCESSOR C.C C.0 C.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0
SLEICTAL 2.1 2.1 2.1 9.6 9.6 9.6 S.6 9.6 9.6 9.6 0.0 0.0
ELECTRICAL FWR/CCKTRCL
PCU 4.0 4.0 4.0 4.0 4.0 4.0 4.0 4.0 4.0 4.0 0.0 0.0
Table 8. 1F-7. Orbiter With Version III Science and Despun Reflector
Antenna (Thor/ Delta)(Continued)
C PIANC CISTR LNIT 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 0.0 0.0
CCNVERTER LCSSES (7C FCI) 3.2 3.2 3.2 4.7 4.7 6.6 4.7 4.7 4.7 4.7 0.0 0.0
SUBTCTAL 9.3 S.3 5.3 10.8 10.8 12.7 10.8 10.8 10.8 10.8 0.0 0.0
TFERPAL
PRCPELLANT FIRS C.C 0.0 f.C 6.0 6.C 6.C 6.0 6.0 6.C 0.0 0.0 0.0
SLBTCTAL 0.0 0.0 6.0 6.0 6.0 6.0 6.0 6.0 6.C 0.0 0.0 0.0
SPACECRAF SU8TOTAL 1 41.8 50.8 56.8 65.8 87.8 148.2 121.3 108.8 121.3 18.E 0.0 0.0
C'AELE LCSSES (SPACECRAFT) 1.0 1.0 1.1 1.3 1.8 3.0 2.4 2.2 2.4 1.6 0.0 0.0
eATTERY CFAGING O.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0 25.0 0.0 0.0 0.0
SPACECRAFT SUBTOTAL 2 48.7 51.8 51.9 67.1 8S.5 151.2 123.7 110.9 148.7 80.3 0.0 0.0
CCNTINGENCY (1C PCI) 4.9 5.2 5.8 6.7 9.0 15.1 12.4 11.1 14.9 E.C 0.0 0.0
TCTAL PFIMARY EUS LCAC 53.6 57.0 63.7 73.8 58.5 166.3 136.1 122.0 163.6 88.4 0.0 0.0
1 2 3 4 5 6 7 t S 10 11 12
1. LAUNCHt3kNO !CIvhC hIF,hC EMA CEA
2. TRANSIT,3hCRLISE SCI ChNhC HTRhC CMA,CEA
3. TRANSIT,3hCRLISE SCI,FTP ChTC COA,CEA
4. TRANSIT9,3kCRLbSE SCIIFTR,9IA9CEA LA
5. TPAASIT,12hCRPLISE SCI
6. SHCRT ECLIPSEI12hWLL SCi, OS (cN (PERIAPSIS)
7. FCST tLLIFSEI12h,RACAR CFF
8. LChG ECLIPSE,12W,CLTY SCI CFF
S. FCST ELCIPSEi2 ,CLTY SCI CFFBAIT CFARGING CO
10. UNCERVULTAGE -- AhC-ESSENTIAL LOAES CFF
11.
12.
TAPE2=VEJXC1I.TFPE4=ChNIF
Table 8. 1F-8. Orbiter With Version III Science, 31-Watt Transmitter, and
Fanbeam/Fanscan Antennas (Atlas/Centaur)
CRBITER-35W PA FANBEAV,A/C 09.35.32. C4/1C/73.
ELECTRICAL PCWER REQUIREMENTS
1 2 3 4 5 6 7 8 9 10 11 12
SCIEhCE
PAGNETCETEF 0.0 4.0 4.C 4.0 4.0 4.C 4.0 4.0 4.0 0.0 0.0 0.0
LV SPECTRErTER 0.0 0.0 0.0 0.0 0.0 8.0 8.0 8.0 8.G O.0 0.0 0.0
ICh MASS SPECTFCHETER 0.0 C.0 0.0 0.C 0.0 2.0 2.0 2.0 2.0 0.0 0.0 0.0
IR RALICMETER 0.0 0.0 C.C 0.0 0.0 6.0 6.C 0.0 6.0 0.0 0.0 0.0
NEUTRAL MASS SPECTRCMETER 0.0 C.0 0.0 0.0 0.0 12.0 12.0 12.0 12.0 O.C 0.0 0.0
ELECTFCN TEMP FfCBE O.0 0.0 C.G 0.0 G.C 2.5 2.5 0.0 2.5 0.0 0.0 0.0
RACAR ALTIMETER 0.0 0.0 0.0 0.0 0.0 33.0 0.0 0.0 0.0 0.0 0.0 0.0
SUBTCTAL 0.C 4.0 4.0 4.0 4.0 69.5 34.5 26.0 34.5 O.C 0.0 0.0
o0 CATA HANCLIAG
CIGITAL TELEMETRY LNIT 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 0.0 0.0
Ij CATA STGRAGE LNIT 0.0 0.0 C.0 0.0 0.0 4.5 4.5 0.0 4.5 0.0 0.0 0.0
a DIGITAL CECCCER UNIT .3 .3 .3 .3 .3 .3 .3 .3 .3 .3 0.0 0.0
SL8TCTAL 3.9 3.9 3.9 3.9 3.5 8.4 8.4 3.9 8.4 3.9 0.0 0.0
CCV1UN ICAT ILNS
S-EAhC RECEIVERS (2 C() 7.C 7.0 7.0 7.0 7.0 7.0 7.0 7.0 7.0 7.0 0.0 0.0
S-eANC XVTR CRIVER 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 0.0 0.0
S-EAN PWR AFL 68.0 68.0 68.0 68.0 1360 136.0 136.0 136.0 136.0 136.0 0:,O 0.0
SLETCTAL 78.5 78.5 7E.5 78.5 146.5 146.5 146.5 146.5 146.5 146.5 0.0 0.0
,CSIPRCFLL S I N
CCNFTCL ELECTR ASSY/SS 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 6.0 0.0
FRESSUPR XCLCER .4 .4 .4 .4 .4 .4 .4 .4 .4 .4 0.0 0.0
SUBTCTAL 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 0.0 0.0
ELECTRICAL FR/CCNTFCL
PCL 4.0 4.0 4.0 4.0 4.0 4.0 4.0 4.0 4.0 4.0 0.0 C.0
CCPANC LIST LNIT 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 0.0 0.0
CChVERTER LCSSES (70 FCI) 4.9 4.9 4.5 4.9 4.9 7.9 4.9 4.9 4.9 4.9 0.0 0.0
Table 8. 1F-8. Orbiter With Version III Science, 31-Watt Transmitter, and
Fanbeam/Fanscan Antennas (Atlas /Centaur)(C ontinued)
SLeTCTAL 11.0 11.0 II.C 11.0 11.0 14.C 11.0 11.0 11.C II.C 0.0 0.0
TIERAL
PRCFELLANT HTRS 0.0 0.0 6.C 6.0 6.C 6.C 6.C 6.0 6.C 0.0 0.0 0.0
SUBTCTAL 0.C 0.0 6.0 6.0 6.0 6.0 6.C 6.0 6.C 0.0 0.0 0.0
SPACECRAFT SUBTCTAL 1 95.5 59.5 1C5.5 105.5 173.5 246.5 208.5 195.5 208.5 163.5 0.0 0.0
CAELE LCSSES (SPACECRAFT) 1.9 2.0 2.1 2.1 3.5 4.9 4.2 3.9 4.2 3.3 0.0 0.0EATTERY C-ARGIKG 0.0 0.0 0.0 0.0 C.C 0.0 0.0 0.0 25.0 0.0 0.0 0.0
SPACECRAFT SU6TCJIAL 2 57.4 C11.5 107.6 107.6 177.0 251.5 212.7 199.4 237.7 166.8 0.0 0.0
CCNTINCENCY 
_(1C CTI 9.7 10.2 1C.E 10.8 17.7 25.1 21.3 19.9 23.8 16.7 0.0 0.0
I TCTAL FPFIPtRY ELS LCA 107.2 111.7 118.4 118.4 154.7 276.6 234.0 219.4 261.t 183.5 0.0 0.0
1 2 3 4 5 6 7 8 9 IC 11 12
1. LAUhNC,8.eW,NC SCI,NC ITF
2. TRANSIT,E.dW,CRLISE SO C(,hIC HTR
3. TRASSIT,.a. ,CRLISE SCIR1- Ch
4. TRAhSIT,E.8W,CRLISE SCIITF
5. TRASIT,35CRLISE SCI
6. tCRT ECLIPSE,35,ALL SCI,CSL Lk (PERIAFSIS)
7. PCST ELLIFSE,35hALL SCI,FACAR CFF
8. LCG ECLIFSE,35W,CLTY SCI CFF
9. FOS1 ELCIFSE,35 ,CLTY SC! CFFBATT ChARGING CN
10. LNDERVCLTAGE 
-- KCN-ESSENTIAL LCACS CFF
11.
12.
TAPE2=VEJ)rCC,TAPE4=CChVEEA
Table 8. 1F-9. Orbiter With Version III Science, 12-Watt Transmitter, and
Fanbeam/Fanscan Antennas (Atlas/Centaur)
ORBITER-12W PA FA\eEAPA/C C509.35.35. 04/10/73.
ELECTRI(.AL PCkER REQ IREEATS
1 2 3 4 5 6 7 8 91- ---
SCItENCE
AGChETCMPETE C.C 4.0 4.C 4.0 4.C 4.0 4.0 4.0 4.0 0.0 0.0 - 00-
LV SPECIRCtETER 0.0 0.0 C.C L.0 0.0 8.0 8.0 8.0 8.0 0.0 0.0 0.0
IC MASS SFECItiVEfER O.C C.0 C.C G.C C.C 2.C 2.0 2.0 2.0 0.0 0.0 0.0
IR RAECIMETER 0.0 0.0 C.C 0.0 0.0 6.0 6.0 0.0 6.C 0.0 " . - Te
NEUTRAL MtSS SFECTRC(ETER C.C 0.0 C.O 00 .0 10 2.0 12.C 12.0 12.0 0.0 0.0 0.0
ELECT CN TEMP FRCEE 0.0 0.0 C.0 0.0 0G. 2.5 2.5 0.0 2.5 0.0 0.0 0.0
RALAQ ALT IkETE C.C C.0 C.C 0.0 0.0 35.0 0.0 0.0 0.0. - 0.0 . . 0 a. -. -
SLeTCTAL 0.0 4.0 4.0 4.0 4.C 69.5 34.5 26.0 34.5 0.0 0.0 0.0
CATA ANCELING
DIGITAL TELEMETRY LhIT 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 0.0 0.0
CAA STCACGE LIT 0.0 0.0 0.0 0.0 0.0 4.5 4.5 0.0 4.5 0.0 . 0.0-
DIGITAL CECCCER LNIT .3 .3 .3 .3 .3 .3 .3 .3 .3 .3 0.0 0.0
SLETCTAL 3.5 3.5 3.5 3.9 3.9 8.4 8.4 3.9 8.'4 3.- .-- 0 u
CCMPLN ICATICNS
S-EANL RECEIVEPS (2 CA) 7.0 7.0 7.0 7.0 7.0 7.0 7.0 7.0 7.0 7.0 .... 0- . ... -l
S-EANE XMIF CRIVER 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 0.0 0.0
S-EANC PkP AMFL 22.0 22.0 22.0 22.0 44.0 44.0 44.0 44.0 44.0 44.0 0.0 0.0
SLEICTAL 32.5 32.5 32.5 32.5 54.5 54.5 54.5 54.5 54.5 54.5 0.0 0.0
ACPPFFCPLLSILN
CfNT CL ELECTR A Y/SS 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 0.0 0.0
FpESSLRt XELCER .4 .4 .4 .4 .4 .4 .4 .4 .4 .4 0.0 0.0
CCNSCAN FFCCESSOR 0.0 0.0 C.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0 0.0--
SLBICTAL 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 0.0 0.0
ELECTRICAL IfR/CTFECL
PCL 4.0 4.0 4.C 4.0 4.0 4.0 4.0 4.0 4.0 4.0 0.0 0.0
CCMMANC CISTk LNIT 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 2.1 - .0 .0...O.-
CCNVEPIER LCSSES (C7 FCT) 4., 4.9 4.9 4.9 4.9 7.9 4.9 4.9 4.9 4.9 0.0 0.0
Table 8. 1F-9. Orbiter With Version III Science, 12-Watt Transmitter, and
Fanbeam/Fanscan Antennas (Atlas/Centaur)(Continued)
SLETrTAL 11.C 11.0 11.C 11.C 11.C 14.C 11.C 11.0 11.0 11. 0.0 .
IHE'PAL
PPCPELLINT -TRS C.C C.C0 .C 6.0 6.C 6.0 6.C 6.0 6.0 -0. .- 0. . .-
SLTCTAL 0.C C.C 6.0 6.0 6.G 6.0 6.0 6.0 6.0 0.0 0.0 0.0
SPACECRAFT SLETCTAL L 49.5 53.5 5S.5 59.5 81.5 154.5 116.5 103.5 116.5 11.5 0.0 0.0
CAeLE LCSSES (SPACECRAFT) 1.0 1.1 1.2 1.2 1.6 3.1 2.3 2.1 2.3 1.4 0.0 0.0
tATTERV CF6AGING 0.0 C.C C.C 0.0 0.0 0.0 0.0 0.0 25.0 0.0 . .. .--
SFACECRAFT SUBTOTAL 2 50.5 54.6 6C.7 60.7 83.2 157.6 118.S 1C5.6 143.9 13.0 0-O .
CLTlINCENLC (IC PC1) 5.1 5.5 6.1 6.1 8.3 15.8 11.9 10.6 14.4 T.-7 .. .o-
- TCTAL P!IMRY EUS LCAC 55.6 6C.1 66.8 66.8 91.5 173.4 130.8 116.2 158.3 80. . .0
1 2 3 4 5 6 7 8 9 10 11 12
1. LALC,36,NC CilhC FI
2. TRANSI13k,CRLISE SCI (htC HTR
3. TRANSI1,3A,CRLISE SCI,TR (h
4. TRANS1T,3f,CRLISE SCI,IFT
5. TRANSII,12k,CRUISF SCI
6. EhCRI ECLIFSEl,12,ALL SCICEU cL (FERIAFSIS)
7. FCST ELLIFSE,12k,ALL SCI,FACAP CFF
8. L(NG ECLIPSE,12h,ELV SCI CFF
9. PCST ELCIPSE,12h,ELTY SCI CFF,BATf ChACGING Ch
IC. LNGLER LLTAGE -- ACN-ESSENTIAL LCACS CFF
I'.
12.
1APE2=VEJXOCCC,TAPL4=CCNEEA
Table 8. 1F-10. Orbiter With Version IV Science, and Despun Reflector
Antenna (Atlas/Centaur)
ORBITER-12h PA DESPUN, A/C 18.49.35. C4/10/73.
ELECTRICAL POWER REQUIREMENTS
1 2 3 4 5 6 7 8 S 10 11 12
SCIEKCE
-AGNETCMETER 0.0 4.0 4.0 4.0 4.0 4.0 4.0 4.0 4.0 0.0 0.0 0.0
UV SPECTRCPETEF C.C 0.0 C.C 0.0 C.0 8.0 8.0 8.0 8.0 0.C 0.0 0.0
ICh PASS SPECTROPETER 0.0 0.0 C.0 0.0 0.0 2.0 2.0 2.0 2.0 0.0 0.0 0.0
IR RADIOMETER 0.0 0.0 C.0 0.0 0.0 6.0 6.0 0.0 6.0 0.0 0.0 0.0
NEUTRAL MASS SFECTRCEOEER 0.0 0.0 C.0 0.0 0.0 12.0 12.0 12.0 12.0 0.0 0.0 0.0
ELECTRON TEMP PROBE 0.0 0.0 C.O 0.0 0.0 2.5 2.5 0.0 2.5 0.0 0.0 0.0
RACAR ALTIMETER 0.0 0.0 C.C 0.0 0.0 35.0 0.0 0.0 0.0 0.0 0.0 0.0
SUBTOTAL_. -. 1 - 0.0 4.0 4.0 4.0 4.0 69.5 34.5 26.0 34.5 0.C 0.0 0.0
CATA IAhCLIAG
P DIGITAL TELEMEIRY LIlT 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 3.6 0.0 0.0
CATA- STORA-GE UNIT 0.0 C. C.C 0.0 0.0 4.5 4.5 0.0 4.5 0.0 0.0 0.0
DIGITAL DECODER UNIT .3 .3 .3 .3 .3 .3 .3 .3 .3 .3 0.0 0.0N
0
SUBTOTAL 3.9 3.9 3.9 3.9 3.9 8.4 8.4 3.9 8.4 3.9 0.0 0.0
COPMUNICAT ICS
S-EAhC RECEIVERS (2 CNI 7.0 7.0 I.C 7.0 7.0 7.0 7.0 7.0 7.0 7.C 0.0 C.0
S-BAND XPTR DRIVER 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 3.5 0.0 0.0
S-BAND PWR AMPL 22.0 22.0 22.0 22.0 44.0 44.0 44.0 44.0 44.0 44.0 0.0 0.0
SUBTCTAL 32.5 32.5 32.5 32.5 54.5 54.5 54.5 54.5 54.5 54.5 0.0 0.0
ACS/PRCPLLSICN
DESPIN ELECTR ASSY 0.0 0.0 C.0 1.5 1.5 1.5 1.5 1.5 1.5 1.5 0.0 0.0
DESPIN MECI ASSY 0.0 C.O C.0 6.0 6.0 6.0 6.0 6.0 6.C 6.C 0.0 0.0
CCNTROL ELECTR ASSY/SS 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 1.7 0.0 0.0
PRESSURE XDUCER .4 .4 .4 .4 .4 .4 .4 .4 .4 .4 0.0 0.0
CChSCAK PRCCESSOR 0.0 0.0 C.o 0.0 0.0 0.0 O 0.0 0.0 0.0 0.0 0.0
SUBTOTAL 2.1 2.1 2.1 9.6 9.6 9.6 9.6 9.6 S.6 9.6 0.0 C.C
ELECTRICAL FbR/CCNTFOL
PCU 4.0 4.0 4.0 4.0 4.0 4.0 4.0 4.0 4.0 4.0 0.0 0.0
Table 8. 1F-10. Orbiter With Version IV Science, and Despun Reflector
Antenna (Atlas /Centaur)(Continued)
CCMAhC CISTR UNIT .... 2.1 2.1 2.1 2.1 2.1 2.1 21 2.1 2.1 2.1 0.0 0.0
CCNVER1ER LCSSES (70 PCTI 4.9 4.9 4.9 -7.3 7.3 10.3 7.3 7.3 7.3 7.3 0.0 0.0
SUBTOTAL 11.0 11.0 11.C 13.4 13.4 16.4 13.4 13.4 13.4 13.4 0.0 0.0
THERMAL
PROPELLANT -TRS 0.0 C.o t.C 6.0 6.o 6.0 6.0 6.0 6.0 0.0 0.0 0.0
SLBTCTAL 0.0 0.0 6.0 6.0 6.0 6.0 6.0 6.0 6.C 0.C 0.0 0.0
SPACECRAFT SUBTOTAL 1 49.5 53.5 59.5 69.4 51.4 164.4 126.4 113.4 126.4 81.4 0.0 0.0
CAELE LCSSES (SPACECRAFT) 1.0 1.1 1.2 1.4 1.8 3.3 2.5 2.3 2.5 1.6 0.0 0.0
EATTERY CHARGING 0.0 C.0 C.C 0.0 0.0 0.0 0.0 0.0 25.0 0.0 0.0 C.O
SPACECRAFT SUBTOTAL 2 50.5 54.6 6C.7 70.8 93.2 167.7 128.9 115.6 153.5 83.0 0.0 0.0
CCKTINGENCY (10 PCI) 5.1 5.5 6.1 7.1 9.3 16.8 12.9 11.6 15.4 8.3 0.0 0.0
TCTAL PFIMARY BUS LCAC 55.6 60.1 66.8 77.8 102.5 184.4 141.8 127.2 16S.3 91.3 0.0 0.0
1 2 3 4 5 6 7 8 9 10 11 12
1. LAUNCH,8.SW,NC SCINC HTR
2. TRANSITB,8.8WCRUISE SCI CNNO HTR
3. TRANSIT,.98CR LISE SC, TR CT
4. TRANSIT,8.8WCRUISE SCIhTR
5. TRANSIIT35khCRUISE SCI
6. SHORT ECLIPSE,35kWALL SCITOSU Ch IPERIAPSIS)
7. POST ELLIPSE935ktALL SCeRADAR OFF
e. LONG ECLIPSE,35k,CLTY SCI OFF
9. PSTT--C-TFS-T-,3-5WCTTV- SCI CFF,8ATT CHARGING CO
10. UONERVCLTACE -- NCN-ESSENTIAL LOADS OFF
11.
12. T P - . . ......
TAPE2=VEJXOCA.TAPE4=CChYEHA
APPENDIX 8. 2A
GROUND RECEIVER PERFORMANCE
APPENDIX 8. 2A
GROUND RECEIVER PERFORMANCE
1. SUMMARY
This appendix presents the data which has been used in the design
control tables throughout the report for receiver loss. Receiver loss
includes losses due to the noisy carrier reference (from carrier tracking
loop, subcarrier demodulator, symbol synchronizer, and all combined
effects which degrade decoding performance. For low tracking loop
signal-to-noise ratios (less than 10 to 12 dB) loop memory effects cause
extra sequential decoding degradation through burst errors. This situa-
tion can be improved through the use of interleaving symbols in each frame
of data. Interleaving is discussed in this appendix, but is not recommended
pending further analysis.
2. SEQUENTIAL DECODER PERFORMANCE
The ideal or theoretical performance of a Fano sequential decoder
and the Pioneer 10 and 11 rate 1/2, constraint length 32 convolutional code
is shown in Figure 8. 2A-1. This data has been extracted from computer
simulations done by Dale Lumb of NASA/ARC. Figure 8. 2A-2 shows the
measured performance of the above coder-decoder combination. The tests
were performed by D. Lumb at CTA-21. Modulation was PCM/PSK/PM
at an angle of 1. 16 radians, and the numbers next to the data points indi-
cate loop SNR's in a 2BLO bandwidth of 10. 8 Hz.
The required Eb/No for a code to achieve a 10 - 2 probability of frame
deletion under ideal conditions can be found in Figure 8. 2A-1. The required
Eb/N when the decoder has only partial knowledge of the carrier phase,
subcarrier phase, and symbol time is found in Figure 8. 2A-2. The differ-
ence between these two numbers in decibels is defined as the receiver
loss. As an example, for 128 bits/s the ideal requirement is 2. 3 dB. Fig-
ure 8. 2A-2 yields a total Eb/No requirement of 6. 3 dB. This gives a
receiver loss of 3. 9 dB at 2 loop SNR of -.9. 6 dB.
At a 10 - 3 frame deletion rate for 128 bit/s, the NASA data has been
extrapolated; this is open for question since the loop SNR increases as
Eb/No increases for a fixed modulation index. The receiver losses used
8.2A-1
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25 000 COMPUTATIONS/SECOND
MODULATION INDEX = 1.16 RADIAN
8 25 000 COMPUTATIONS/SECOND
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Figure 8.2A-1. Ideal Probability of Frame Deletion Versus EBINO Figure 8. 2A-2. Probability of Frame Deletion Versus EBINO
(Receiver Loss Included)'
'UNPUBLISHED DATA FROM D. LUMB OF NASA/ARC
in the report, for data rates below 64 bit/s, are estimated to be below
the receiver losses shown in Figure 8. 2A-2 as long as a loop SNR of
10 dB is used. Also, for the lower bit rates at a fixed loop bandwidth
(10 Hz) the burst length is not as great as for the higher bit rates and the
decoding degradation is less. More simulation data is required to
accurately arrive at the receiver losses for bit rates below 64 bits/s.
3. INTERLEAVING
.3. 1 Summary
Experimental CTA-21 (JPL) performance data by Dale Lumb of
NASA/ARC for convolution coding of Pioneers 10 and ii suggests the pos-
sible use of interleaving for further coding improvement. At 128, 64, or
32 bits/s, cycle slipping and memory effects due to the tracking loop band-
width at less than 10 dB SNR in 2BLO (10 Hz) can significantly degrade
performance. At 10 dB SNR cycle slipping is probably negligible and cod-
ing improvement due to interleaving may be as much as 3 dB (at 5 x 10-3
frame deletion rate). If cycle slipping is assumed for the degradation at
8. 2A-2
10 dB, two frame interleaving may improve performance by as much as
2 dB. More experimental data at low SNR's and at deletion rates from
10 - 2 to 10- 4 is required before a decision can be made to interleaving.
Costs for including interleaving on the orbiter spacecraft are minimal,
estimated at about $15 000. Estimated costs for adding deinterleaving
into the DSN are unknown at present, but should be minimal compared to
expected performance improvement. Interleaving on the probe bus would
not enhance performance significantly since the design point is at 16 bits/s
(probe release) where loop memory effects are almost negligible. Also,
at bus entry the data rate (512 to 2048 bits/s) and loop SNR is high and
memory effects are negligible.
3. 2 Interleaving Improves Receiver Memory Loss
Sequential decoding performance is dominated by the frame deletion
probability. Frame deletions are caused by the requirement for a large
number of computations to decode a frame. Experimental and theoretical
investigations have indicated that a frame deletion is most probably caused
by a single sequence of high noise. For a memoryless channel, an error
sequence of length b symbols has probability of occurrence of 2 -cib where
c1 is a function of signal-to-noise ratio while the required number of com-
putations to decode the b symbol error sequence is at least L = (1/2)2R b
where R is the code rate. Thus, the pro ability of L computations or
more to decode the b symbol error sequence is
P (C L) - 2 -  (I)
(-ci /R) log 2 2L
= (2L)- a
where a = c 1 /R. This is the Pareto distribution of computations that is
characteristic of sequential decoding over a memoryless channel.
For a channel with memory, the probability of occurrence of an
error sequence of length b is not exponentially decreasing with the length
of the sequence (i. e., the probability of the error sequence is not some
number raised to the b power). Thus, the computations distribution is
8.2A-3
not Pareto for channels with memory and severe degradation may be
observed as the probability of long error sequences increases. To achieve
the performance expected for the memoryless channel for channels with
memory, an interleaver must be used to decrease the probability of long
error sequences.
An example of a channel with memory is a demodulator containing a
carrier tracking loop which may have slow variations of the phase error
with time. For large signal-to-noise ratio a decreases, the phase error
is very small and little of the memory effects are observed. As a
decreases, the phase error can reach larger values and the degradation
increases. If the loop bandwidth is small compared to the data rate, then
the effect of the degradation will be observed over many symbols and sig-
nificant memory (hence large number of computations) will be encountered
by the sequential decoder. As a is decreased still further, loop slips will
occur. If the loop reaches the 3. 14 radian (180 degree) quasi-stable point,
then the number of symbols corresponding to the loop time constant will
be complemented. Phase slips have even a greater degradation on soft
decision demodulation than hard decision because symbols that normally
would be in the most probable quantization level will fall in a very improb-
able quantization level during phase slips.
To see the effects of the carrier tracking loop, consider Fig-
ure 8. 2A-3. The curve for no interleaving was observed by Dale Lumb
of NASA/ARC. The ideal coherent curve assumes a perfect phase refer-
ence, as was obtained from Dale Lumb's simulation results of the
computations/second to be perfromed by the sequential decoder. Note that
the losses due to the receiver, including the degradation due to phase error
in the carrier tracking loop, have been subtracted from the original obser-
vations. Thus, the degradation shown in the figure is due to channel
memory. As a worst case, assume that the degradation is due to phase
slips. Since the probability of frame deletion of the ideal coherent channel
is small compared to the observed results, it may be assumed that the
probability of phase slip is equal to the frame deletion probability. The
loop bandwidth is 10 Hz; hence, assume approximately 26 symbols are
complemented for each phase slip. Interleaving is assumed to randomize
the 26 complemented symbols throughout the frame. Generally, it is con-
sidered adequate randomization if the interleaver period is at least 10 times
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Figure 8.2A-3. Performance of Pioneers 10 and 11 Sequential
Decoder with Interleaving
the length of the error burst. Thus, for one-frame interleaving assuming
only one phase slip per frame the probability of frame deletion Pfd is
Pfd = (1 - p) Pid + Pb (2)
where p is the probability of a phase slip in a given frame, Pid is the
probability of frame deletion for the ideal coherent channel, and Pib is
the probability of frame deletion for a 384 symbol frame containing
26 + (358) pc errors, with probability of error pc for the symbols not in
the phase slip. Considering the probability that a phase slip falls in a
frame is characterized by a binomial distribution, the probability of
frame deletion for the frame interleaving is
P fd (i pZ Pid + Zp (1 - ) P2b p2 ib (3)
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where P2b is the probability of frame deletion for a frame containing
1/2 (26 + (3 5 8 )pc) errors. Similarly, the probability of frame deletion is
found for three and four-frame interleaving. Figure 8. 2A-3 indicates that
there is only a small improvement by using four-frame interleaving rather
than three-frame interleaving. but two-frame interleaving produces sig.-
nificant improvement over no interleaving and one-frame interleaving.
Previous studies 2 have indicated that for high values of a such as
10 dB, there is negligible degradation if the interleaver is 10 times the
time constant of the tracking loop. In Figure 8. 2A-3, the results have
been extrapolated for a = 10 and 11 dB. Using a = 10 dB and assuming
phase slips, the two-frame interleaving reduces the required E /N
by 2. 0 dB. However, if the assumption is made that the degradation
observed is due only to channel memory, then there is negligible degra-
dation from the ideal coherent channel by using one-frame interleaving.
Therefore, interleaving reduces the required Eb/No by 2. 9 dB. Similarly,
assuming phase slips for a = 11 dB, two-frame interleaving reduces the
required Eb/No by 3. 2 dB. Assuming that the degradation is due only to
channel memory, then one-frame interleaving reduces the required
Eb/No by 4. 0 dB.
3. 3 Spacecraft Interleaver Costs
As a result of the potential improvement in telemetry performance
due to interleaving, several data interleaver schemes have been investi-
gated. The multiple, variable length, and multiple recirculating register
approaches require more power and weight than does the matrix memory
scheme. The latter was therefore selected for this costing exercise.
See Figure 8. 2A-4 for the interleaver block diagram.
For each interleaver with a spread of 24 symbols over a coded frame
of 384 symbols, there are two memories; one fills while the second dumps.
The figure depicts a block diagram. There are no new part types used
(the CMOS memories are presently planned into the DSU). For each
interleaver the statistics are:
Parts 
- 23 ICs, seven discretes
Power - 0. 310 watts at +5. 3 volts
Weight 
- 0. 036 kilograms (0. 08 pounds)
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Figure 8.2A-4. Spacecraft Interleaver Implementation
Since modifications are planned for the DTU (with the attendant
planning, inspection, retest, etc. , already costed with these modifications),
the delta costs for interleaving are modest (~$15 000).
For a 24-symbol spread over a coded frame of 768 symbols add
approximately 20 percent to cost, power, and weight.
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APPENDIX 8. 2B
DOPPLER CONSIDERATIONS
This appendix deals with the potential one-way and two-way doppler
tracking problems that could exist during bus entry and, for a few orbits,
during orbiter periapsis. It is shown that for bus entry the 64 meter
station with a programmable receiver is required to maintain lock. Also,
during worst-case orbits periapsis, doppler may cause loss of ground
receiver lock in the 26 meter stations for a few minutes unless careful
manual tuning is used.
1. PROBE BUS DOPPLER TRACKING AT ENTRY
i. i Summary
Just before entry the probe bus experiences a rapid gravitational
acceleration causing a widely varying doppler shift in the uplink and
downlink carrier frequencies. Figure 8. 2B-1 shows the doppler shift
seen by the probe bus at entry, while Figure 8. ZB-2 shows the doppler
seen by the ground station at Goldstone when the communication link is
operating in a two-way mode. Figures 8. 2B-3 and 8. 2B-4 show the
respective phase-locked loop phase errors resulting from a particular
strategy of tuning out the doppler in both links. The analyses that pro-
duced these curves are given in the following section.
As shown in Figure 8. 2B-1 the uplink carrier frequency is tuned at
143 kHz above the assigned S-band carrier frequency. This tuning reduces
the effective doppler shifts to about ±30 kHz, but does not affect the dop-
pler rates. Nevertheless, assuming a Pioneer 10 and ii receiver, the
phase error remains within ±0. 052 radian (±3 degrees) so that the
receiver will stay in phase lock.
The DSN receiver must employ a different tuning strategy, since it
must contend with the much larger two-way doppler shifts and rates. The
Block IV receiver to be used at the 64 meter stations has the required
tuning capability. Its digital control oscillator can store and program four
frequency ramps are shown by the dotted lines in Figure 8. 2B-2, and the
resulting phase error indicates that the DSN receiver will track the two-
way doppler.
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i. 2 Spacecraft Loop Phase Error Analysis (Uplink Only)
Assuming that the uplink signal level is very strong (SNR in 2BLO >
25 dB), then the spacecraft's phase-locked loop can be modeled as a
noiseless linear system. Let f(t) and f(t) denote the doppler shift (radians)
and doppler rate (radians/sec) of the incoming signal as a function of time.
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Then the loop's steady state phase error (or static phase error) is given
by (Reference 1)
(t) t) + f(t) (1)
where G is the loop gain and T1 is the larger of the two loop filter time
constants.
Figures 8. 2B-5 and 8. 2B-6 show the downlink doppler and the dop-
pler rate profiles for the probe bus during entry as seen at Goldstone.
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Figure 8. 2B-5. Preferred Probe Mission Doppler Shift for Goldstone Tracking Station
Assuming we are transmitting from Goldstone, then the doppler profiles
for the uplink are just 221/240 times the downlink profiles. Reference 2
lists the following values for G and Ti
G = 3. 23 x 106 sec
-1
T = 100 sec
Using this data in Equation (I) allows us to compute the phase error in the
loop. The results are shown in Table 8. 2B-i where it was assumed that
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Table 8.2B-i. Phase Error in the Probe Bus at Entry
TIME DOPPLER DOPPLER RATE PHASE ERROR(MIN) (kHz) (Hz/SEC) IRAD (DEG)]
-80 27 -1 0.051 (2.9)
-60 26 -1 0.049 (2.8)
-40 25 -1 0.047 (2.7)
-20 24 -1.5 0.045 (2.6)
0 22 -1.5 0.042 (2.4)
20 20 -2 0.038 (2.2)
40 17 
-4 0.030 (1.7)
60 9 -8 0.016 (0.9)
73 0 -16 -0.003 (-0.2)
80 -9 -25 -0.023 (-1.3)
85 -18 
-29 -0.038 (-2.2)
90 -23 -23 -0.049 (-2.8)
NOTES: (1) DOPPLER SHIFT AND RATE DATA FROM FIGURES 8.28-5
AND 8.2B-6 ARE MULTIPLIED BY 221/240.
(2) DOPPLER SHIFT IS RELATIVE TO -155 kHz.
the uplink transmitter was set at the uplink frequency plus 221/240 times
155 kHz (note that this tuning causes the doppler shift to be zero at t
73 minutes). The results definitely indicate that the receiver will track
the incoming signal.
i. 3 Coherent Two-Way Loop Phase Error Analysis
Previously it was shown that the spacecraft would remain in phase
lock with a small loop phase error if the uplink frequency was tuned to
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compensate for the one-way doppler. This section considers the coherent
two-way link with its associated two-way doppler. By using the capabili-
ties of the dital control oscillator in the DSN's Block IV receiver, the
major doppler effects can be tuned out. The result is that the ground
station will stay in two-way phase lock during the entire entry sequence.
As in the previous report, strong signal conditions (loop SNR >25 dB)
are assumed for both the uplink and the downlink, this being justified by
the power budgets. Let fu(t) and fd(t) be the one-way doppler profiles for
the uplink and downlink, respectively. Let K (= 240/221) be the frequency
turnaround ratio in the spacecraft transponder and let T (= 4 minutes) be
the one-way light time corresponding to the spacecraft range 71. 81 giga-
meters (0. 48 AU) at bus entry. Then, the doppler shift on the downlink
due to two-way effects is
fz(t) = fd(t) + K fu(t - T) (2)
fd (t - T)
where fd = Kfu. Figure 8. 2B-7 shows a plot of f 2 (t) and its derivative
f 2 (t) as seen by Goldstone at bus entry. It can be shown that if a constant
frequency tuning method is used for the downlink, the ground loop phase
error would be so large as to cause loss of lock. Thus, a different tuning
method must be employed.
Let the ground transmitter be tuned at A Hz above the assigned
S-band uplink frequency, and let the ground receiver be continuously tuned
in time by the digital control oscillator. This receiver tuning can be
represented mathematically by
f '(t) = f + 6 + 6i t  (3)
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where fr is the assigned S-band downlink frequency, 6 0 is a constant
offset, 61 is a frequency rate, and t is time. Then, as shown in the attach-
ment, the ground loop phase error is given approximately by
(t) = K + 60+ 61 t + f(t) (4)
+ - 61 + 2 (t)
where G is the loop gain constant and 71 is the larger of the two filter time
constant. Reference 2 lists the following values for G and Ti:
1G = 0. 013 rad (0. 75 deg)/kHz
G = 0. 004 rad (0. 25 deg)/Hz/s
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It is convenient to rewrite Equation (4) by letting y(t) = KA + 60 + 6 1t
represent the total tuning caused by the uplink and downlink. Thus Equa-
tion (2) becomes
M(t) = (t) + fz(t) + - - (t) + f 2 (t) (5)
Figure 8. 2B-7 also shows -y(t) for a particular choice of tuning. The four
(dotted) straight lines reflect the capability of the digital control oscillator
to store and program four frequency ramps. The slopes of these lines are
(from left to right) 2, 5. 5, 18, and 45. 4 Hz/s. The phase error associated
with this tuning strategy is shown in Figure 8. 2B-8. The jumps in phase
error indicated by the dotted lines in Figure 8. 2B-8 correspond to the jumps
in slope of the straight lines in Figure 8. 2B-7. Since the magnitude of the
phase error does not exceed 0. 105 radian (6 degrees), the ground receiver
will stay in phase lock during entry.
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i. 4 Coherent Two-Way Communication
System Doppler Effect
The following analysis considers the effects of doppler on a coherent
two-way communication system employing an uplink carrier, a coherent
8.ZB-7
"uplink" transponder, and a coherent "downlink" receiver. Specifically,
an expression is derived giving the phase error in the downlink receiver
phase-locked loop (PLL). Furthermore, it is shown that this phase error
can be made arbitrarily small by tuning both the uplink carrier frequency
and the downlink receiver frequency to compensate for the doppler shifts.
The coherent two-way link is modeled as the cascade of two PLL's.
Assuming that the SNR's in the uplink and downlink loops are very large
(>30 dB) allows us to use linear PLL theory. The resultant model is shown
in Figure 8. 2B-9 where the O's represent carrier phases relative to the
rest frequencies of the two loops.
UPLINK K#o(t) KO t-T ) 0 d) DOWNLINK "d )
GRONDT CL D LOOP TONLINK CLOSED LOOP
TRANSMITTER CLOSED LOOP DELAY + ERROR RESPONSE
UPLINK DOWNLINK
DOPPLER DOPPLER
Figure 8.2B-9. Linear Model of Two-Way Coherent Link
The doppler shift is related to the movement of the spacecraft in
time. If the range of the spacecraft is denoted by r(t), then the doppler
shift is given by
f
f(t) = -- i(t) (6)
where f is either the uplink or downlink carrier frequency in Hertz, c is
the speed of light in meters/second, and f(t) is the first derivative of the
range (velocity). From Equation (6) we can see that the uplink doppler,
fu(t), is related to the downlink doppler, fd(t), by the turnaround ration,
K; or
fd(t) = K fu(t) (7)
The transmitted uplink signal (neglecting command) is
Z-Pu cos (Zr fc t + Ou)
8. ZB8c
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where f is the carrier frequency (assumed equal to the uplink PLL rest
cu
frequency) and 40u is a constant phase offset. The doppler adds the phase
factor f fu(y) dy so that the phase input to the uplink PLL is
iu (t) = ou + f f (y) dy (8)
The output phase of the uplink PLL is linearly related to the input
phase by the closed loop transfer function Hu(s). For a second order loop
this function is given by (Reference 1)
I + T Zu s
H (s) = (9)i iu 2
+ (72u + T+ s2
u U
From Equation (9) it can be shown that the output phase is asymptotically
Sou(t) = iu(t) + T2u iu(t) (10)
where fcd is the downlink carrier frequency. The doppler adds f fd (y) dy
so that the phase input to the downlink receiver is
.id(t) = 4 0d + fd (y) dy + K ou (t-T) (i)
where ¢Od is a constant phase offset. Note that the phase factor due to
uplink effects is delayed by the one-way light time T.
The downlink loop phase error is linearly related to the input phase
by the closed loop transfer function I - Hd(s). Using an expression for
Hd(s) similar to Equation (9) it can be shown that the loop phase error is
asymptotically
d id(t) + Tid id(t) (12)
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Substituting Equations (7), (8), (10) and (11) into (12) yields
#d(t) = fd(t) + fd(t - T) + r 2 u fd(t - T) (13)
+ d(t) + (t - T) + 2u fd(t - T)
d L
The factors involving 72u are usually small compared to the rest so they
can be neglected. Defining the two-way doppler as
f 2 (t) = fd(t) + fd(t - T) (14)
the Equation (13) becomes
d(t) + Td f 2 (t) (15)
It is obvious from Figure 8. 2B-7 that the two-way doppler and its
derivative can be large, resulting in a large phase error and loss of lock.
Of course, the loop constants Gid and 71d can be so large that this would
not be the case. Unfortunately, existing DSN receivers do not have loops
designed to handle high doppler. One method to overcome this high doppler
is to tune the frequency of both the uplink transmitter and the downlink
receiver.
Suppose the uplink transmitted frequency is tuned in time by a fre-
quency function A(t). Then the actual uplink frequency would be
f '(t) = f + A(t) (16)
Similar, the downlink receiver frequency is tuned by
fcd'(t) = fed + (t) (17)
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Then the preceding analysis can be redone to yield a ground loop phase
error given by
d(t) = KA(t - T) + 6(t) + f 2 (t) (18)d
Gd
Equation (18) shows that the phase error can be made arbitrarily small
by appropriate choices of A(t) and 6(t).
2. ORBITER DOPPLER TRACKING AT ORBIT PERIAPSIS
The orbiter spacecraft has a doppler problem similar to the probe
bus. The large doppler variations shown in Figure 8. 2B-10 can occur at
periapsis. Since the 26 meter tracking stations will probably be used for
most of the orbiter mission, programmable oscillators will not be avail-
able to accurately tune out this doppler. Furthermore, since the SNR in
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Figure 8. 28-10. Downlink Doppler Profiles Versus Time for Orbiter at
Orbit Periapsis as Seen at Goldstone
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the ground receiver loop will be about 12 dB at the end of the mission
(zero adverse tolerance), data from the DSN Standard Practice document
(810-5, Rev. C) indicates that the ground station loop error will be
greater than 0. 52 radian (30 degrees) for doppler rates of 50 Hz/s. About
0. 14 radian (8 degrees) alone is experienced for a 20 kHz doppler shift.
Thus, even if an offset doppler tuning strategy is employed, the loop will
probably drop lock causing loss of data. Some ways to combat this
adverse condition are to rely on experienced DSN operators to manually
tune out the doppler, use the 64 meter stations at orbit periapsis, or
store the data on board the spacecraft and play it back at a later time.
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POWER AMPLIFIER/ANTENNA
OPTIMIZATION TRADEOFF
The curves in Figure 8. ZC-i were generated to assist in sizing the
minimum weight orbiter spacecraft design in terms of transmitter power,
antenna size, and solar array weight. The criteria used in the analysis
were minimum EIRP of 62 dBm [i28 bits/s at 254.30 x 106 km (1.7 AU)]
conical solar array 0. 08 kg (0. 10 lb/watt DC), and solid-state power
amplifiers (30 percent efficiency). Curves are shown for two antenna con-
figurations: a parabolic cylinder to be used with a configuration despun
perpendicular to the earth-line, and a parabolic dish which could either be
despun or used in an earth-pointing configuration. The antenna aperture
efficiencies used in the analysis were 45 percent for the reflector and
55 percent for the dish. The feed for the reflector is a shortened
Pioneer 6 through 9 center-fed Franklin array.
The curves show that as the power amplifier output is increased
from 2 watts the weight savings increase to the vicinity of 9 watts before
the weight savings begin to decrease. For the lower power outputs, the
antenna sizing dominates the weight tradeoff, but for larger amplifier
powers the solar array weight dominates as the required antenna size is
reduced to a low value. The solid-state power amplifier weight influences
the tradeoff curves only slightly as its weight varies from about 0. 14 kilo-
gram (0. 3 pound) at the low power outpus to only about 1. 8 kilogram
(4 pounds) at 24 watts output.
A baseline power amplifier output of 10 watts minimum (ii watts
nominal) was chosen to be compatible with the Helios reflector of 22. 5 dB
gain. Commonality with the probe bus transmitter of 6 watts is allowed
by coupling two units together as can also be done with the probe trans-
mitters. The 10-watt minimum transmitter also allows about i to 2 dB
margin for the third midcourse and orbit insertion maneuvers.
A tradeoff was not performed for the fanbeam configuration [8 bit/s
minimum at 254.30 x 106 km (1.7 AU)], since the Pioneer 6 through 9
11.dB antenna was assumed, requiring a transmitter power of 31 watts
minimum.
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TELEMETRY REQUIREMENTS
The following is a listing of the Pioneer Venus engineering and sci-
entific instrument housekeeping telemetry measurements for the pre-
ferred probe bus and orbiter configurations based on the Atlas/Centaur
launch vehicle. Unless otherwise noted, the Version IV science payload
requirements have been applied. The telemetry measurements are iden-
tified as bilevel (discrete), analog, or digital signals. The bilevel mea-
surements provide an operational status of spacecraft subsystems and
scientific instruments, e.g., switching and position functions. Analog
signals include voltage, temperature, and current measurements. The
digital measurements provide quantitative information from the telemetry
sources.
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TELEMETRY - RBUS
ELECTRICAL DISTRTRIITION
SPACECRAFT SEPARATION STATS RILEVEL
COMMAND EXECIITE STATUS RILEVEL
SPACECRAFT ORDNANCE SAFE/ARM RELAY STATUS (PRIME) RILEVEL
SPACECRAFT ORDNANCE SAFE/ARM RELAY STATUS (REDNT) BILEVEL
UNDERVOLTAGE OVERRIDE STATUS BILEVEI.
RECEIVER REVFRSE STATUS RILEVEL
CDIU +5 VDC RIIS A SELECT STATUS BILEVEL
EOIJIP CONV FAULT ISOLATOR STATIIS (4) RILEVEL (THOR/DELTA)
MAGNETOMETER ROOM RETRACT STATIUS BILFVEI. (THOR/DELTA)
MAGNETOMETER ROOM EXTFNSION STATUS BILEVEL (THOR/DELTA)
ELECTRON TFMPERATURE PRORF ANT RELEASE STATUS RILEVEL
NFUTRAL MASS SPECTRnMFTER TON CAP FJECT STATUS RILEVEL
IIV FLIUORESCENT PROBE ANT RELEASE STATUS BILEVEL (THOR/DELTA)
LARGE PROBE RELEASE STATIIS BILEVEL
LARGE PRORF CONNECTOR RELEFASE STATIIS BILEVEL
SMALL PROBE THERMAL SHIF.Ln RFLFASE STATIS (3) RILEVEL
SMALL PROBE CONNECTOR RELEASE STATIIS (3) BILEVEL
SMALl. PRORE REI.FAS'E STATUS (3) BILEVEL
RECEIVER REVERSE INHIRIT/FNARLE STATUS RILEVEL
CAPACITOR CHARGF STATUS (PRIMARY) (2) RILEVEL
CAPACITOR CHARGE STATIIS (RFOIINFANIT) (2) BILEVEI.
ELFCTRICAL POWFR
BATTERY AI)TOMATIC CHARGF MnOF STATIIS RILEVFI.
BATTERY DISCHARGE FNARIE/DISABRL STATIJ.S RILEVFL
CHARGE RATE I ON/OFF STATIIS RILEVEL
CHARGE RATE 2 ON/OFF STATIIS PIL FVEL
CHARGE RATE 3 ON/OFF STATIIS RILFVEL
LARGEF PRORE POWER ON/OFF STATIIS RILEVEI.
SMALL PRORE 1 POWER ON/OFF STATUS RILEVEL
SMALL PROBE 2 POWER ON/OFF STATI S RII.F\IFL
SMALL PROBE 3 POWER nO/nFF STATIUS BILFVFL
CTRF INVERTER TRANSFER RFLAY STATUS RILFVEL
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APPENDIX 8. 3B
ALTERNATIVE DATA ACQUISITION AND
COMMAND SYSTEM
The alternative data acquisition and command system (DACS)
approach is midway between a programmable central processor and the
more conventional dedicated telemetry and command system. The advan-
tages of MOS LSI technology coupled with an advanced system architecture
achieves high reliability, format efficiency and system flexibility while
saving weight and power over the Pioneer 10 design. While the MOS LSI
devices are a custom TRW design, they use a standardized, flight-
qualified technology which can be readily manufactured by several
companies.
Although the DACS for Pioneer Venus requires development, the
system architecture and the MOS LSI arrays are fully developed and opera-
tional in a breadboard. This work is the result of a 1971 TRW IRAD
program.
The basic DACS, Figure 8. 3B-1, consists of a central control unit
(CCU) and remote terminal units (RTU's) which respond to CCU instruc-
tions. These units provide command distribution, telemetry data samp-
ling and conditioning, and telemetry data formatting using programs
stored in solid state read-only memories (ROM's). The DACS accommo-
dates a number of RTU's either as part of the CCU or located within the
spacecraft. COMMANDS
RTU TIMING
NO. TELEMETRY
GROUND
STATION DATA/INSTRUCTIONS COMMANDS
COMMAND COMMANDS
DATA CLOCK R- M
CCU RTU TIMINGDATA/INSTRUCTIONS NO 2 TELEMETRY
FORMATTED TELEMETRY
DATA TO R/F
SUBSYSTEMS DATA/INSTRUCTIONS TO USER
SPECIAL
FUNCTIONS *L ---- J
COMMANDS
NOTES: RTU TIMINGS* SPIN PERIOD SECTOR GENERATION N TELEMETRY
* CONVOLUTIONAL CODING
* STORED COMMANDS
USES MOS LSI AS THE HEART OF THE UNIT
Figure 8.3B-1. Data Acquisition and Command System
8.3B-I
ALL T/D CONFIGURATIONS
The telemetry format structure is determined by ROM-stored
programs. This programmable flexibility optimizes the telemetry format
for each mission. Different payload requirements are accommodated by
adding RTU's with modular input/output, adaptable to the command and
telemetry interface for each mission.
As shown in Figure 8. 3B-1, the CCU contains a special function
section to accommodate mission peculiar functions not basic to the DACS
All other portions of the DACS use a standard design from mission to
mis sion.
The orbiter data system implementation using the existing Pioneer 10
units, is shown in Figure 8. 3B-2A, and the DACS in Figure 8. 3B-2B. The
DACS replaces the DTU and five of eight CDU slices. All but a few
Pioneer 10 CDU special functions (ordnance firing, high-level commands,
undervoltage monitoring and event sequencing) are performed by the DACS.
The system advantages of the DACS over the Pioneer 10 design for
the orbiter mission are:
* Better format flexibility. Formats are ROM programmable both
for science and housekeeping telemetry
* More redundancy. Full redundancy is available for all telemetry
* More stored commands available. ROM stores commands
* Modular design to readily accommodate different command and
telemetry requirements for each mission.
* More hardware commonality between missions. The same CCU
design is used in the orbiter and probe mission and the same
RTU design is used in the orbiter, probe bus and the probes.
* Saves weight. 1. 8 kilograms (4 pounds) are saved in the DAC
orbiter data system (power is 200 mW less).
Figure 8. 3B-3A illustrates the implementation of the probe mission
data system with the Pioneer 10 units, and Figure 8. 3B-3B with the DACS.
As in the orbiter mission, the DACS replaces the DTU and all but three
CDU slices. Redundant RTU's are used to provide the timing, command
and telemetry functions required by the probe bus subsystems and science.
One RTU is provided within each probe and forms the heart of each probe
data system.
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A ORBITER PIONEERS 10 AND 11 DERIVED COMMAND AND DATA HANDLING SUBSYSTEM
SCIENCE
TELEMETRY
* ENABLE (24 REDUNDANTSEXECUTE CHANNELS)
D O COMMAND CLOCK SPACECRAFT
DDU COMMAND DATA COMMAND DATA , 
TELEMETRY
EXECUTE (258 NONREDUNDANT
CHANNELS)
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(0.85 LB)
*LOWLEVEL COMMANDS( *HIGH LEVEL
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NOTES: *THRUST COUNTER EXPERIMENTINTERFACE
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O PIONEER 10 UNIT MODIFIED
0 NEW DESIGN
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S : ORDNANCE
* HIGH LEVEL
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DDU *POWER GATE
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ROM OUTPUTS
SENABLE "PROGRAMMABLE
AUDIO *EXECUTE FORMAT
FROM I *RA CLOCK SUN 0.9 KG (2.0 LB)
RECEIVERS *COMMAND DATA
DDU
0.4KG I CCU TELEMETRY
(0.85 LB) RECEIVER - ROM TRANSMITTER
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TIMING TIMINGI EXISTING BREADBOARD DESIGN
128 TELEMETRY CHANNEL 128 TELEMETRY CHANNEL
FOR SPACECRAFT SUBSYSTEMS FOR SPACECRAFT SUBSYSTEMS
Figure 8.3B-Z Orbiter Configuration
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SYNC AND COMMANDS TELEMETRY RTU OSTORED
TIMING COMMANDROM LOGIC
NOTES:
TO SPACECRAFT 0.5 KG (1.0 LB)
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8. 3B-4 Figure 8. 38-3. Probe Configu ration
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The RTU operates either under the control of an external controller
(CCU) or internally with its own ROM-stored program. This feature is
ideally suited for the probe data system where the probe operation can be
externally controlled for ground checkout or in-flight probe checkout,
then operate autonomously, under its own program, during probe entry
phases. This feature saves the addition of test hardware with attendant
savings in weight and power. The DACS saves an estimated 4. 8 kilograms
(10. 6 pounds) overall and 0. 5 watt in the probe bus, 1. 5 watts in the large
probe, and 1. O0 watt in each small probe.
The CCU, shown in Figure 8. 3B-4, sends real-time and stored
commands to, and collects telemetry data from, the RTU's. In addition,
the CCU provides spacecraft spin sector output signals, convolutional
coding and biphase modulation of the formatted data, and the necessary
signal present logic to switch receivers.
Real-time commands are received from the Pioneer 10 DDU in
groups of three commands (24 bits). The DACS requires 16 bits for
address, mode selection, and command steering in addition to the eight
actual command bits. Transmitting three commands each time is not
necessarily a disadvantage since one DACS command is equivalent to
eight Pioneer 10 commands. With the DACS, command decoding is per-
formed by the ground station software, Pioneer 10 decoding is performed
by spacecraft hardware. In the DACS, the actual eight command bits
follow 16 bits which address a particular 8-bit RTU command output regis-
ter. The command is routed through the system and ends up in the speci-
fied register. The register output is made available to the user as one
8-bit serial command or eight state or pulse commands. Transfer of
serial commands can be either under user or RTU control.
Stored commands are programmed into a CCU ROM and are con-
tinually compared with a clock. When the stored time matches the clock,
the command is processed by the DACS as a real-time command. Pro-
vision is made to load the start time in flight which is necessary when
selecting redundant units.
Eight essential commands are provided directly from the CCU and
are used primarily to select redundant spacecraft units such as CCU's
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and RTU's which cannot be commanded through the DACS. The CCU's
are used in the power off redundant configuration except for the real-time
command logic portion which remains powered on at all times. The real-
time command logic must remain on to enable processing of essential
commands from either CCU at all times.
The CCU uses the Pioneer 10 designs for the convolutional coder,
biphase modulator, roll attitude timer and spin period sector generator.
Independent interface circuits are used for communication to each RTU so
that a failure of one interface will not disable any other.
The CCU design uses LPTTL MSI and LSI (ROM's) to minimize
parts count and power. The estimated weight is 0. 9 kilogram (2. 0 pounds)
and estimated power is 3. 5 watts.
Figure 8. 3B-5 illustrates the probe bus and orbiter RTU design. The
RTU's provide command and timing outputs, and sample and signal con-
dition telemetry from the science instruments and spacecraft subsystems.
RTU's are under the control of stored programs within the CCU until the
probes separate from the bus at which time the RTU is under the control
of its own ROM stored program.
rL-------
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Figure 8.3B-5. Probe BuslOrbiter RTU
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The advantages of MOS LSI and LPTTL technology are used to
provide the command and telemetry functions efficiently. Modular input/
output and ROM programs provide system flexibility at low cost.
Figure 8. 3B-6 illustrates the probe data system which consists of
an RTU, data storage memory, stored command logic, convolution coder
and sequencing logic. The data system design is essentially the same for
large and small probes except the small probes do not have a coast timer
and have a different number of RTU telemetry and command channels.
The data system responds to external instructions during ground
testing and in-flight testing. Upon separation from the probe bus, the
data system operates under the control of programs stored within the RTU
ROM and stored command instructions. Upon separation, the 25-day coast
time starts; all other systems are off. At a programmed time, the probe
data system is activated for a short time to enable calibration of the mag-
netometer away from the influences of the probe bus. The calibration
data (256 bits) is stored until the entry phase.
During the entry phase, the coast timer or acceleration switch
activates the probe and starts the stored command sequence. A telemetry
frame pulse (FP), from the stored command countdown circuit, is pro-
cessed by the telemetry instruction logic and instructs the RTU to collect,
format and put into the data memory one frame of data. The time between
these frame pulses is determined by stored commands. This technique
provides a convenient method for changing the effective data sampling rate
to match the science data requirements.
The data system also provides variable length telemetry format
words. This is accomplished by storing a word length code for each
channel address stored within the RTU ROM. This code programs the
length of each telemetry word to eliminate storage and transmission of
unnecessary bits.
The data storage unit used within the probes is a scaled-down
version of the orbiter memory. The total memory is approximately
10, 000 bits. The data storage unit contains a 256-bit section powered
by the same special battery which supplies power to the coast timer. This
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storage is used to hold the 256-bits of magnetometer calibration data dur-
ing the coast period. Since available power is extremely limited during
the coast period, only the 256-bit portion of the memory is powered on.
The power required to preserve this data is approximately 50 microwatts
continuous.
Table 8. 3B-I summarizes the parts count, printed circuit boards,
slices, weight, and pove r of each Pioneer Venus command and data
system units. The data from this table was used to compute weight, power
and reliability for the comparison chart to follow.
Table 8.3B-i. Data Subsystem Parameter Summary
PARTS PRINTED
UNIT CIRCUIT SLICES WEIGHT POWERUNT INTEGRATED DISCRETES BOARDS [KG (LB) (WATT)
CIRCUITS
CCU 212 200 4 2 0.9 (2.0) 3.5
DDU - - 1 1 0.4 (0.85) 0.14/0.7
DSU 297 129 9 3 1.7 (3.9) 4.5 (ALL 3)
BUS/ORBITER REMOTE 55 53 1 1 0.3 (0.6) 0.3/1.0
TERMINAL UNIT
SMALL PROBE DATA 104 95 2 1 0.5 (1.0) 1.0SYSTEM
LARGE PROBE DATA 118 105 2 1 0.6 (1.2) 1.5SYSTEM
LARGE PROBE DATA - - - 1.4 (3.0) 3.0SYSTEM*
SMALL PROBE DATA - 0.9 (2.2) 2.0SYSTEM*
CDU (TOTAL) - - 16 8 3.9 (8.6) 2.5
CDU (MODIFIED) - - 6 3 2.3 (5.0) 1.4
DTU 
- 9 3.1 (6.8) 3.9
BASELINE DESIGN
Table 8. 3B-2 is a comparison chart listing the most important
parameters of the Pioneer 10 versus DACS. The table indicates the DACS
can save weight and power within the probes. The disadvantage of the
DACS over the Pioneer 10 system is the cost of development. Although
the DACS is developed through the operational breadboard stages (includ-
ing MOS LSI arrays) further system design would be required for the
Pioneer Venus mission.
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Table 8.3B-2. Comparison Chart
PIONEERS 10 AND 11 DAC DELTA
PARAMETER
ORBITER PROBE ORBITER PROBE ORBITER PROBE
7.7 (17.1) BUS 5.4 (11.9) BUS 2.4 (5.2) BUS
WEIGHT [KG(LB) 10.1 (21.0) 1.4 (3.0) LP 0,2 (1.2 LP 0,9.8 LP1.0 (2.2) SP (EACH) 7.7 (17.0) 0.5 (1.0) SP(EACH) 1.8 (4.0) 0.6 (I.2) SP(EACH)
12.1 (26.7) 7.2 (16.1) 4.8 (10.6)
0.5 BUS
7.2 BUS 6.7 BUS 1.5 LP
POWER (WATTS) 11.7 3.0 LP 11.5 1.5 LP 0.2 1.0 SP (EACH)
2.0 SP (EACH) 1.0 SP (EACH) 5.0
COST LOWER HIGHER HIGHER LOWER
ORBITER CCU +
HARDWARE PIONEER 10 PIONEER 10 DTU + ORBITER RTU ASHARDWCOMMONALITY DTU NEW DESIGN USED NEW CCU HEART OF PROBECOMMONALITYFOR PROBES ONLY DESIGN COMMAND AND
DATA SYSTEM
DESIGN AND • NEW DESIGN NEW CPU NEW CPU, BREAD-
HARDWARE FLIGHT PROVEN PIONEERIO BREADBOARD BOARD RTUWITH
STATUS TECHNOLOGY RTU NEW CONTROL
LOGIC
RELIABILITY 0.889 0.9850 0.0960(SUBMULTIPLEXER INCLUDED)
ENGINEERING
REDUNDANCY TELEMETRY FULL
NONREDUNDANT REDUNDANCY
FORMAT FIT PIONEER VENUS NEW DESIGN TO PROGRAMMABLE PROGRAMMABLE
EFFICIENCY REQUIREMENTS TO FIT PIONEER TO FIT PIONEER TO FIT PIONEERPIONEER TO FORMATS VENUS MISSION VENUS MISSION VENUE MISSION
SYSTEM FIXED CAPACITY, NEW DESIGN MODULAR MODULARSYSTEM FIXED CAPACITY TO FIT PIONEER CAPACITY, CAPACITY,
FLEXIBILITY IXED FORMATS ION PROGRAMABLE PROGRAMABLEVENUS MISSION FORMATS FORMATS
LOWER DUE HIGHER DUE TO
TECHNICAL LOWER DUE TO TO USE OFHIGHERDUETO HIGHER DUE TO
RISK PROVEN HARDWARE PIONEER 10 NEW SYSTEM NEW SYSTEM
TECHNOLOGY DESIGN DESIGN
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APPENDIX 8.3C
CENTRAL PROCESSOR
Central processing was examined as an alternative to the conven-
tional approach where each subsystem encompasses its own processing.
Certain spacecraft functions can be performed by a central general pur-
pose digital processor, eliminating distributed hardware and minimizing
spacecraft weight and cost. Some functions can be performed by 
software
alone, other need small amounts of hardware. In at least one instance,
the DEA, a central processor facilitates use of off-the-shelf hardware,
by performing rate calculation, a function which does not exist 
in available
units.
1. DIGITAL TELEMETRY UNIT
Most of the functions of this unit can be absorbed by the digital
processor. These include:
* The reception of sun pulses from the sun sensor and subsequent
issuance of roll attitude and sector pulses (includes three modes:
ACS, averaging, and nonaveraging)
" The gathering and formatting of telemetry data
" The implementation of the convolutional encoder
" The implementation of the interleaver (if required by the
communications subsystem).
2. COMMAND DISTRIBUTION UNIT
Most of the functions of this unit can be absorbed by the central
processor. They include:
o Distribution of discretes (pulse and static)
o Distribution of serial digital data
" Receiver present detection logic (36-hour counter)
* Sequencer logic
" Command storage
" Thruster pulse counting.
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. CONTROL ELECTRONICS ASSEMBLY
Since the turn-on/turn-off accuracy for firing thrusters can be met
y software, the various multiple event maneuvers can be commanded
rom the ground and executed from within the control processor. These
aclude:
" Programmed precession/AV
" Programmed AV/SCT
* Real time processor/AV/ spin control
* Fixed angle precession
" Programmed precession/spin control
" Programmed precession/probe deployment.
'he capability for auto spin control can exist within the center processor.
. DESPIN ELECTRONICS ASSEMBLY
Despin functions including antenna pointing can be absorbed. Rate
alculations, which presently do not exist in any off-the-shelf hardware
nits can be performed by the processor. Since "pipper pulses" occur
ominally every 24 msec this calculation is trivial. The accuracy of
aeasurement however is approximately 10 to 20 jpsec, thus an 8-bit hard-
rare counter at 100 kbits/s is required.
. SCIENCE PACKAGES
Most experiments require a turn-on/turn-off command and perhaps
mode discrete. In addition, both the radar altimeter and UV spectrome-
er require:
* Enabling during a 0. 52 radian (30-degree) or similar sector of
each spacecraft revolution
* Gimballing to facilitate nadir pointing.
'hese functions presently reside within the experiments but can be executed
y the central processor.
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6. CENTRAL PROGRAMMER SOFTWARE SIZING
Flow diagrams and sample coding was generated in order to obtain
the results of Table 8. 3C-1. The candidate processor selected for the
exercise was the Comsat processor recently developed (in breadboard
form) for the Comsat control system. It's general characteristics are:
* General-purpose digital
" Word length = 16 bits
* Single address instructions
* Serial/parallel organization (4-bit bytes)
* 7.2 psec ADD; 60 lsec MPY
* Power = 6. O0 watts plus memory
* Weight = 0. 7 kg (1. 5 pound) plus memory.
Table 8. 3C-i. Central Programmer Sizing Requirements
PROGRAM DATA EXECUTION
FUNCTION MEMORY MEMORY TIME REMARKS
REQUIRED REQUIRED (MS/S)
WORDS WORDS
SPOKE WHEEL GENERATION 50 10 I EXTERNAL COUNTERS
DEA RATE CALCULATIONS 120 10 10
CONVOLUTIONAL ENCODER 50 15 250 AT MAXIMUM BIT RATE
ATTITUDE CONTROL 50 15 15
INTERLEAVER 50 70 100 AT MAXIMUM BIT RATE
TELEMETRY FUNCTION 240 5 6.0 AT MAXIMUM BIT RATE
SCIENCE (RADAR ALTIMETER) 20 5 1.0 SEQUENCING AND GIMBALLING
SCIENCE (UV SPECTROMETER) 20 5 1.0 SEQUENCING AND GIMBALLING
EXECUTIVE ROUTINE 100 35 25
RX SIGNAL RESET (COUNTING) 20 5 0.100
THRUSTER PULSE (COUNTING) 20 5 0.100
COMMAND DISTRIBUTION 40 40 --
TOTAL 780 220 409.2
It should be noted that the 2048 bits/s downlink data rate consumes
most of the processors effort. A more typical data rate would be 256
bits/s which relates to a telemetry work load of 80 ms/s and a total
loading of 123.2 ms/s. Memory requirements are small and entail a
256-word read/write, and a 1024-word read-only memory.
7. HARDWARE SIZING ESTIMATES
Tables 8. 3C-2 and 8. 3C-3 indicate the nature of the hardware
tradeoffs. Estimates for the RTU were taken from the parallel study
performed on a DACS. The summary of these is included in Table 8. 3C-4.
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Table 8. 3C-2. Hardware Tradeoffs (Probe Bus)
POWER WEIGHT PRPOWER WEIGHTBASELINE (WATTS) [KG (LB) PROBE BUS (CPU SYSTEM) (WATTS) [KG (LB)]
DDU 0.15 0.4 (0.9) DDU 0.15 0.4 (0.9)
DDU 0.68 0.4 (0.9) DDU 0.68 0.4 (0.9)
CDU 2.5 3.9 (8.6)
DTU 3.9 3.1 (6.8)
CEA 4.5 1.8 (4.2) CEA 3.0 0.9 (2.0)
CPU1  6.0 0.7 (1.5)
SMALL PROBE (X3) 6.0 3.0 (6.6) CPU2  --- 0.7 (1.5)
LARGE PROBE 3.0 1.4 (3.0) CPU MEMORY I  1.3 0.5 (1.0)
CPU MEMORY 2  --- 0.5 (1.0)
CIA I  3.4 0.3 (0.7)
CIA2  --- 0.3 (0.7)
SPACECRAFT RTUI  1.0 0.3 (0.6)
SPACECRAFT RTU2  --- 0.3 (0.6)
SIGNAL CONDITIONER UNIT 1 .0 0.4 (0.8)
ORDNANCE .02 1.4 (3.0)
SMALL PROBE RTU (X3) 3.0 1.4 (3.0)
LARGE PROBE RTU (XI) 1.2 0.7 (1.5)
TOTAL 20.73 14.1 (31.0) 20.75 8.9 (19.7)
Table 8. 3C-3. Hardware Tradeoffs (Orbiter)
POWER WEIGHT POWER WEIGHTBASELINE (WATTS) [KG (LB)] ORBITER (WATTS) [KG (LB)]
DDU 0.15 0.4 (0.9) DDU 0.15 . 0.4 (0.9)
DDU 0.68 0.4 (0.9) DDU 0.68 0.4 (0.9)
CDU 2.5 3.9 (8.6)
DTU 3.9 3.1 (6.8)
DSU 0.6 1.8 (3.9) DSU 0.6 1.8 (3.9)
CEA 4.5 1.9 (4.2) CEA 3.0 1.4 (3.0)
DEA 1.5 1.8 (4.0) DEA 1.0 0.9 (2.0)
DEA -- 1- 1. (4.0) DEA --- 0.9 (2.0)
CPU 6.0 0.7 (1.5)
CPU --- 0.7 (1.5)
INSTRUMENT PROGRAMMERS 1.5 0.9 (2.0) CPU MEMORY 1.3 0.5 (1.0)
CPU MEMORY --- 0.5 (1.0)
CIA 3.4 0.3 (0.7)
CIA --- 0.3 (0.7)
SPACECRAFT RTU 1.0 0.3 (0.6)
SPACECRAFT RTU --- 0.3 (0.6)
SCIENCE RTU 1.0 0.3 (0.6)
SCIENCE RTU --- 0.3 (0.6)
SIGNAL CONDITIONER UNIT 1 .0 0.3 (0.7)
ORDNANCE 0.02 1.4 (3.0)
TOTAL 15.33 16.0 (35.3) 19.15 11.4 (25.2)
Table 8. 3C-4. Data Handling System Tradeoffs
ORBITER PROBE BUS
DISTRIBUTED CENTRAL DISTRIBUTED CENTRAL
PROGRAMMER PROGRAMMER PROGRAMMER PROGRAMMER
WEIGHT
WEKG(LB) 16.0 (35.3) 11.4(25.2) 4.7 (10.1) 13.9(31.0) 9.0 (19.7) 5.1 (11 .3)
POWER
(WAR 15.33 19.15 3.82 20.73 20.75 0
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Several items such as the Aweight associated with removing the sequencers
from the science packages have been estimated as no information was avail-
able at this time.
8. SUMMARY
The control functions of the Pioneer Venus spacecraft can be handled
by a centralized programmer. Although the power requirement is approxi-
mately equal to the baselines a significant weight savings, 4. 5 kilograms
(10 pounds) can be achieved. The system is flexible with attendant growth
potential, which must be weighed against the risk of developing a central-
ized spacecraft.
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COMMAND REQUIREMENTS
The following list identifies the command requirements for the pre-
ferred probe bus and orbiter configurations based on the Atlas/Centaur
launch vehicle. The requirements are grouped by subsystem and are
categorized as serial, pulse, or state commands.
Those command entries followed by a (Thor/Delta) designator are
applicable to spacecraft configurations which are compatible with the
Thor/Delta launch vehicle. The (stored) designator identifies functions
which would normally be performed via the stored command programmer.
Instrument commands annotated with (New Science) are associated with
the Version IV science payload.
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COMMANDS - BUS
ELECTRICAL DISTRIBUTION
UNDERVOLTAGE OVERRIDE INHIBIT PULSE
UNDERVOLTAGE OVERRIDE NORMAL PULSE
CDU SELECT 5 VDC BUS A PULSE
CDI. SELECT 5 VDC, BUS B PULSE
RECEIVER REVERSE INHIBIT PULSE
RECEIVER REVERSE ENABLE PULSE
SPACECRAFT ORDNANCE SAFE PULSE
SPACECRAFT ORDNANCE ARM PULSE
CMD PROC 1 SELECT PULSE
CMD PROC 2 SELECT PULSE
EQUIPMENT CONVERTER FAULT ISOLATION RELAYS (8) PULSE (THOR/DELTA)
EXTEND MAGNETOMETER BOOM PULSE (THOR/DELTA)
RETRACT MAGNETOMETER BOOM PULSE (THOR/DELTA)
RELEASE UV FLUORESCENT PROBE ANT PULSE (THOR/DELTA)
EJECT NEUTRAL MASS SPECTROMETER ION CAP PULSE
RELEASE ELECTRON TEMPERATURE PROBE ANT PULSE
LARGE PROBE CONNECTOR RELEASE " PULSE
LARGE PROBE RELEASE PULSE
SMALL PROBE THERMAL SHIELD RELEASE. (3) PULSE
SMALL PROBE CONNECTOR RELEASE (3) PULSE
SMALL PROBE RELEASE . (3) PULSE
SMALL PROBE SIMULTANEOUS RELEASE PULSE
ELECTRICAL POWER
BATTERY AUTOMATIC CHARGE ENABLE PULSE
BATTERY MAX CHARGE PULSE
BATTERY DISCHARGE ENABLE PULSE
BATTERY DISCHARGE DISABLF PULSE
CHARGE RATE I ON PULSE
CHARGE RATE I OFF PULSE
CHARGE RATE 2 ON PULSE
CHAEGE RATE 2 OFF PULSE
CHARGE RATE 3 ON PULSE
CHARGE RATE 3 OFF PULSE
LARGE PROBE POWER ON/OFF (2) PULSE
SMALL PROBE 1 POWER ON/OFF (2) PULSE
SMALL PROBE 2 POWER ON/OFF (2) PULSE
SMALL PROBE 3 POWER ON/OFF (2) PULSE
CTRF INVERTER TRANSFER RELAY SELECT (2) PULSE
DATA HANDLING
DTU A SELECT PULSE
DTU R SELECT PULSE
DTU CMD WORDS (39) SERIAL
LARGE PROBE CMD WORD SERIAL *
SMALL PROBE 1 CMD WORD SERIAL *
SMALL PROBE 2 CMD WORD SERIAL *
SMALL PROBE 3 CMD WORD SERIAL *
* ONLY ONE ROUTING ADDRESS IS REQUIRED
SINCE ONLY ONE PROBE IS POWERED AT
ANY GIVEN TIME.
COMMUNICATIONS
RECEIVER A COHERENT MODE ENABLE STATE
RECEIVER A COHERENT MODE DISABLE STATE
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RECEIVER B COHERENT MODE ENABLE STATE
RECEIVER B COHERENT MODE DISABLE STATE
POWER AMP A SELECT (B OFF) PULSE
POWER AMP A HIGH POWER PULSE (THOR/DELTA)
POWER AMP B SELECT (A OFF) PULSE
POWER AMP A LOW POWER PULSE (THOR/DELTA)
POWER AMP B HIGH POWER PULSE (THOR/DELTA)
POWER AMP DRIVER A SELECT (B OFF) PULSE
POWER AMP B LOW POWER PULSE (THOR/DELTA)
POWER AMP DRIVER B SELECT (A OFF) PULSE
TRANSFER SWITCH 1 TO POSITION 1 PULSE
TRANSFER SWITCH 1 TO POSITION 2 PULSE
TRANSFER SWITCH 2 TO POSITION 1 PULSE
TRANSFER SWITCH 2 TO POSITION 2 PULSE
TRANSFER SWITCH 3 TO POSITION 1 PULSE
TRANSFER SWITCH 3 TO POSITION 2 PULSE
TRANSFER SWITCH 4 TO POSITION I PULSE
TRANSFER SWITCH 4 TO POSITION 2 PULSE
ATTITUDE CONTROL
SEQUENCE STEP PULSE
STANDBY POWER ON (PSE ON, DSL OFF) PULSE
PROGRAM STORAGE AND EXECUTE OFF PULSE
ARM REGISTER 1 (FOLLOWED BY 4 SERIAL CMDS) PULSE
ARM REGISTER 2 (FOLLOWED BY 4 SERIAL CMDS) PULSE
ARM REGISTER 3 (FOLLOWED BY 4.SERIAL CMDS) PULSE
PULSE LENGTH 1, 31.2 MSEC PULSE
PULSE LENGTH 2, 62.5 MSEC PULSE
PULSE LENGTH 3, 125.0 MSEC PULSE
PULSE LENGTH 4, 1.0 MSEC PULSE
PULSE LENGTH 5, 2.0 MSEC PULSE
AXIAL PAIR 1 SELECT PULSE
AXIAL PAIR 2 SELECT PULSE
DELTA V PAIR 1 SELECT . PULSE
DELTA V PAIR 2 SELECT PULSE
TRANSVERSE DIRECTION UP PULSE
TRANSVERSE DIRECTION DOWN PULSE
AXIAL PULSE, 0 DEG PULSE
AXIAL PULSE, 90 DEG PULSE
AXIAL PULSE 180 DEG PULSE
AXIAL PULSE, 270 DEG PULSE
REAL-TIME AXIAL PULSE PULSE
REAL-TIME TRANSVERSE PULSE PULSE
REAL-TIME DELTA V PULSE PULSE
DELTA V/SCT MODE ENABLE PULSE
CLOCK RESET PULSE
SELECT SUN SENSOR OUTPUT A PULSE
SELECT SUN SENSOR OUTPUT R PULSE
SELECT DTU A CLOCK OUTPUT PULSE
SELECT DTU B CLOCK OUTPUT PULSE
DURATION/STEER LOGIC 1 SELECT (DSL 1 ON, 2 OFF) PULSE
DURATION/STEER LOGIC 2 SELECT (DSL 2 ON, 1 OFF) PULSE
CEA COMMAND WORDS 1-12 SERIAL
THERMAL
PROPELLANT HEATERS ENABLE PULSE
PROPELLANT HEATERS DISABLE PULSE
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SCIENCE
MAGNETOMETER (SCIENCE III)
POWER ON/OFF (2) STATE
CALIBRATE MODE ON/OFF (2) PULSE
HIGH/LOW RANGE SELECT (2) PULSE
UV FLUORESCENCE (SCIENCE III)
POWER ON/OFF (2) STATE
FURNACE CURRENT MODE 1 PULSE
FURNACE CURRENT MODE 2 PULSE
FURNACE CURRENT MODE 3 PULSE
FURNACE CURRENT MODE 4 PULSE
CALIBRATE MODE ON/OFF (2) PULSE
ION MASS SPECTROMETER
POWER ON/OFF (2) STATE
CALIBRATE MODE ON/OFF (2) PULSE
NEUTRAL PARTICLE MASS SPECTROMETER
POWER ON/OFF (2) STATE
ELECTRON TEMPERATURE PROBE
POWER ON/OFF (2) STATE
UV SPECTROMETER
POWER ON/OFF (2) STATE
RETARDING POTENTIAL ANALYZER (SCIENCE IV)
POWER ON/OFF (2) STATE
CALIBRATE MODE ON/OFF (2) PULSE
HIGH/LOW RANGE SELECT (2) PULSE
COMMANDS - ORBITER
ELECTRICAL DISTRIBUTION
MEMORY ADDRESS COUNTER RESET PULSE
MEMORY TIME COUNTER RESET PULSE
CMD MEMORY PROGRAMMER ENABLE PULSE
CMD MEMORY PROGRAMMER DISABLE PULSE
MEMORY TIME REGISTER UPDATE SERIAL
MEMORY ADDRESS PRE-SET SERIAL
UNDERVOLTAGE OVERRIDE INHIBIT PULSE
UNDERVOLTAGE OVERRIDE NORMAL PULSE
CDU SELECT 5 VDC BUS A PULSE
CDU SELECT 5 VDC BUS B PULSE
RECEIVER REVERSE INHIBIT PULSE
RECEIVER REVERSE ENABLE PULSE
SPACECRAFT ORDNANCE SAFE PULSE
SPACECRAFT ORDNANCE ARM PULSE
CMD PROC 1 SELECT PULSE
CMD PROC 2 SELECT PULSE
EOUIP CONV FAULT ISOLATION RELAYS (8) PULSE (THOR/DELTA)
EXTEND MAGNETOMETER BOOM PULSE
RETRACT MAGNETOMETER BOOM PULSE
ARM SRM ORDNANCE (MOTOR DRIVE) STATE
SAFE SRM ORDNANCE (MOTOR DRIVE) STATE
FIRE SRM ORDNANCE (2) PULSE (STORED)
EJECT NEUTRAL MASS SPECTROMETER ION CAP PULSE (THOR/DELTA)
EJECT UV SPECTROMETER SUN COVER PULSE (THOR/DELTA)
8.4A-4
RELEASE ELECTRON TEMPERATIIRE PROBE PULSE
RELEASE RADAR ALTIMETER ANTENNA PULSE
RELEASE RAM PLATFORM PULSE
ELECTRICAL POWER
BATTERY AUTOMATIC CHARGE ENABLE PULSE
BATTERY MAX CHARGE PULSE
TRICKLE CHARGE (0.3A) PULSE
TRICKLE CHARGE (O.15A) PULSE
BATTERY DISCHARGE ENABLE PULSE
BATTERY DISCHARGE DISABLE PULSE
BATTERY HIGH TEMP PROTECTION ON PULSE
BATTERY HIGH TEMP PROTECTION OFF PULSE
BATTERY RECONDITION/DISCONNECT (2) PULSE
CTRF INVERTER TRANSFER RELAY SELECT (2) PULSE
DATA HANDLING
DSU CONFIGURATION SELECT (4) PULSE
DTU A SELECT PULSE
DTU B SELECT PULSE
DTU CMD WORDS 1-39 SERIAL
HIGH/LOW ALTITUDE STORE FORMAT SELECT (2) PULSE (STORED)
SCIENCE DATA STORAGE ENABLE (2) PULSE (STORED)
COMMUNICAT TIONS
RECEIVER A COHERENT MODE ENABLE STATE
RECEIVER A COHERENT MODE DISABLE STATE
RECEIVER B COHERENT MODE ENABLE STATE
RECEIVER B COHERENT MODE DISABLE STATE
POWER AMP A ON PULSE
POWER AMP A OFF PULSE
POWER AMP B ON PULSE
POWER AMP B OFF PULSE
POWER AMP C ON PULSE (THOR/DELTA)
POWER AMP C OFF PULSE (THOR/DELTA)
POWER AMP D ON PULSE (THOR/DELTA)
POWER AMP D OFF PULSE (THOR/DELTA)
POWER AMP DRIVER.A SELECT (B OFF) PULSE
POWER AMP DRIVER B SELECT (A OFF) PULSE
TRANSFER SWITCH I TO POSITION 1 PULSE
TRANSFER SWITCH 1 TO POSITION 2 PULSE
TRANSFER SWITCH 2 TO POSITION 1 PULSE
TRANSFER SWITCH 2 TO POSITION 2 PULSE
TRANSFER SWITCH 3 TO POSITION 1 PULSE
TRANSFER SWITCH 3 TO POSITION 2 PULSE
TRANSFER SWITCH 4 TO POSITION 1 PULSE
TRANSFER SWITCH 4 TO POSITION 2 PULSE
TRANSFER SWITCH 5 TO POSITION 1 PULSE
TRANSFER SWITCH 5 TO POSITION 2 PULSE
TRANSFER SWITCH 6 TO POSITION 1 PULSE
TRANSFER SWITCH 6 TO POSITION 2 PULSE
CONSCAN THRESHOLD HIGH PULSE
CONSCAN THRESHOLD LOW PULSE
CONSCAN ON PULSE
CONSCAN OFF PULSE
CONSCAN 0 DEGREE PHASE PULSE
CONSCAN 180 DEGREE PHASE PULSE
X-BAND XMTR ON/OFF (2) STATE
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ATTITUDE CONTROL
SEQUENCE STEP PULSE
STANDBY POWER ON (PSE ON, DSL OFF) PULSE
PROGRAM STORAGE AND EXECUTE OFF PULSE
ARM REGISTER 1 (FOLLOWED BY 4 SERIAL CMDS) PULSE
ARM REGISTER 2 (FOLLOWED BY 4 SERIAL CMDS) PULSE
ARM REGISTER 3 (FOLLOWED BY 4 SERIAL CMDS) PULSE
PULSE LENGTH 1, 31.2 MSEC .PULSE
PULSE LENGTH 2, 62.5 MSEC PULSE
PULSE LENGTH 3, 125.0 MSEC PULSE
PULSE LENGTH 4, 1.0 SEC PULSE
PULSE LENGTH 5, 2.0 SEC PULSE
AXIAL PAIR 1 SELECT PULSE
AXIAL PAIR 2 SELECT PULSE
DELTA V PAIR 1 SELECT PULSE
DELTA V PAIR 2 SELECT PULSE
TRANSVERSE DIRECTION UP PULSE
TRANSVERSE DIRECTION DOWN PULSE
AXIAL PULSE, 0 DET PULSE
AXIAL PULSE, 90 DEG PULSE
AXIAL PULSE, 180 DET PULSE
AXIAL PULSE, 270 DET PULSE
REAL-TIME AXIAL PULSE PULSE
REAL-TIME TRANSVERSE PULSE PULSE
REAL-TIME DELTA V PULSE PULSE
DELTA V/SCT MODE ENABLE PULSE
CLOCK RESET PULSE
SELECT SUN SENSOR OUTPUT A PULSE
SELECT SUN SENSOR OUTPUT B PULSE
SELECT DTU A CLOCK OUTPUT PULSE
SELECT DTU B CLOCK OUTPUT PULSE
DURATION/STEER LOGIC 1 SELECT (DSL 1 ON, 2 OFF) PULSE
DURATION/STEER LOGIC 2 SELECT (DSL 2 ON, 1 ON) PULSE
CEA COMMAND WORDS 1-12 SERIAL
THERMAL
PROPELLANT HEATERS ENABLE/DISABLE (2) PULSE
RAM PLATFORM HEATER ENABLE/DISABLE (2) PULSE
SRM HEATER ENABLE/DISABLE (2) PULSE
SCIENCE
MAGNETOMETER
POWER ON/OFF (2) STATE
CALIBRATE MODE ON/OFF (2) PULSE
HIGH/LOW RANGE SELECT (2) PULSE
UV SPECTROMETER
POWER ON/OFF (2) STATE
CALIBRATE MODE ON/OFF (2) PULSE
HIGH DATA RATE ENABLE PULSE (STORED)
ION MASS SPECTROMETER
POWER ON/OFF* (2) STATE
CALIBRATE MODE ON/OFF (2) PULSE
MODE 1 ON/OFF (2) PULSE
MODE 2 ON/OFF (2) PULSE
MODE 3 ON/OFF (2) PULSE
MODE 4 ON/OFF (2) PULSE
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IR RADIOMETER
POWER ON/OFF (2) STATE
NEUTRAL PARTICLE MASS SPECTROMETER
POWER ON/OFF (2) STATE
ELECTRON TEMPERATURE PROBE
POWER ON/OFF (2) STATE
RADAR ALTIMETER
POWER ON STATE
POWER OFF PULSE (STORED)
MEMORY POWER OFF SIGNAL ENABLE/DISABLE (2) PULSE
CALIBRATE MODE ON/OFF (2) PULSE
XMTR ENABLE, ANT PROGR START PULSE (STORED)
XMTR DISABLE, ANT PROGR STOP PULSE (STORED)
SOLAR WIND ANALYZER (SCIENCE IV)
POWER ON/OFF (2) STATE
MODE CONTROL (6) PULSE
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APPENDIX 8.4B
STORED COMMAND PROGRAMMER
APPENDIX 8. 4B
STORED COMMAND PROGRAMMER
The stored command programmer (SCP) is capable of storing 16
ground commands and associated time tags for later execution. The
decision for execution is based on equality of the stored time code when
compared with a master counter being incremented by the DTU clock.
Each stored command is 8 bits and each associated time tag is 16 bits,
providing a resolution of 2 seconds within a maximum delay period of
36. 4 hours. The SCP characteristics are summarized in Table 8. 4B-1.
Table 8. 4B-1. Stored Command Programmer Characteristics
16 STORED PROGRAMMABLE COMMANDS PLUS 16 REDUNDANT
1 STORED ARM COMMAND (HARDWIRED) PLUS I REDUNDANT
STORED TIME DATA - 16 BITS WITH A RESOLUTION OF 2 SECONDS AND A MAXIMUM TIME
TAG OF 36.4 HOURS
STORED COMMAND DATA - 8 BITS
ADDRESS POINTER AND TIME COUNTER ARE PRESETTABLE FOR PROGRAM EXECUTION
FLEXIBILITY
FAIL SAFE OPERATION FOR ORDNANCE FIRING
CHARACTERISTICS:
- COMPONENT COUNT: 160 IC, 40 MISCELLANEOUS PARTS
- POWER DISSIPATION: STANDBY - 50 MW
PROCESSING - 750 MW
- REQUIRES ONE BOARD PER PROGRAMMER, TWO FOR REDUNDANCY
- WEIGHT: 0.2 KG (0.45 LB) NONREDUNDANT
0.4 KG (0.9 LB) WITH REDUNDANCY
The SCP operation can be divided into three phases: programmer
data load, memory verify, and command processing. Data loading con-
sists of writing or inserting data into a CMOS memory (256 by 2) and
normally begins at memory address 0. An option of presetting the ad-
dress by command is available for loading single commands or blocks of
stored commands anywhere in the memory. The memory itself is sub-
divided into two sectors; one for time codes and one for commands. Each
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can be controlled individually, which is the case during data load. Six-
teen bits of time data are loaded I bit at a time into ram-I in successive
addresses, as in 8 bits of command data into ram- 2 . The SCP schematic
is shown in Figure 8. 4B-1.
Memory verify is a complete readout or retrieval of the memory
contents through telemetry for bit-by-bit comparison on the ground. The
readout begins at address 0 and progresses sequentially through the 256
address locations. The verify data will be inserted into a D format re-
quiring 6. 0 seconds to dump 512 memory bits at 128bits/s (includes tele-
metry inefficiencies).
After data load and verify, command processing will be initiated.
Every 2 seconds, each stored command (both time and command data)
is read from memory; and the stored time is compared bit-by-bit in
parallel with the 16-bit time counter for equality. When equality is de-
tected, the command data in the command register is serially transferred
at a rate of 64 bits/s to the CDU processor for further processing and
execution. An execute pulse delayed from the data by 50 milliseconds
and, generated by the SCP, is routed to the processor for execution of
the stored command. Command processing requires that the two address
counters operate together with the bit/word counter providing control in-
formation for the memory. This complete time comparison is conducted
in about 8 milliseconds and permits loading of stored commands in a
random fashion. The time counter can be preset by ground command in
addition to reset to zero, or the counter can be reset by one of the stored
commands. This enhances program flexibility.
Fail-safe stored command operation is necessary for ordnance
activation of the retrorocket. This is achieved by using a clock detector
which will inhibit the SCP if the DTU 32-kHz clock has failed by increas-
ing (greater than two times) in frequency. The detector samples the
32 kHz with a fixed width pulse, thereby sensing variations in clock pulse
width. Premature firing due to fast clocks is thus avoided. All other
single-point failures are precluded by using a separately generated arm
command. This arm command is isolated from the other 16 commands.
Note that there are two arm commands (primary and backup) and two fire
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Figure 8.4B-1. Stored Command Programmer Block Diagram (Typical of Two Redundant Boards)
commands (primary and backup) configured so that no single-point failure
can cause either an early, late, or no-fire condition.
A maximum of eight ground commands are stored at any one time
during the orbiter mission. The stored command programmer, however,
was designed to store 16 commands on one board to optimize use of stan-
dard 256-bit CMOS chips while providing flexibility in operational use and
allowing for potential increase in requirements. In addition, an active
redundant capability maximizes reliability of precise firing of the orbit
insertion motor.
The 16-command capacity plus the 16 redundant commands are
provided at an insignificant increase in cost, based upon only two or
three logic components. The net result is a design offering the flex-
ibility of storing 16 redundant commands or 32 nonredundant commands.
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APPENDIX 8. 5A
CONSCAN/FANSCAN ATTITUDE DETERMINATION
i. CONSCAN SYSTEM DESCRIPTION
The conscan system, performing successfully on Pioneers 10 and
11, will be used in the Pioneer Venus orbiter to provide the functions
described in Figure 8. 5A-1.
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a) ATTITUDE DETERMINATION b) ATTITUDE CONTROL
THE EARTH ASPECT ANGLE a. AND THE THE CONSCAN SYSTEM PROVIDES THRUSTER
PHASE ANGLE e. (RELATIVE TO THE SUN) FIRING PULSES TO PRECESS THE SPACECRAFT
ARE DETERMINED ON THE GROUND ON TOWARDS THE EARTH UNTIL THE SPIN AXIS
THE BASIS OF TELEMETRY DATA FALLS WITHIN A PREDETERMINED ANGULAR
(PROPORTIONAL TO ae COS 9e AND DEADZONE. PRECESSION INCREMENTS A.
a. SIN p) PROVIDED BY THE CONSCAN ARE EXECUTED ONCE EVERY TWO SPACECRAFT
SYSTEM. REVOLUTIONS.
Figure 8.5A-1. Conscan System Functions
THE CONSCAN SYSTEM PROVIDES DATA TO TELEMETRY FROM WHICH THE
ATTITUDE OF THE SPACECRAFT CAN BE ESTIMATED ON THE GROUND. ALSO,
BY GROUND COMMAND THE CONSCAN SYSTEM CAN BE ENABLED TO
CONTROL THE AXIAL THRUSTERS AUTOMATICALLY FOR PRECESSING THE
SPACECRAFT OWARDS THE EARTH. PRECESSIONS ARE TERMINATED WHEN
THE POINTING ERROR BECOMES LESS THAN A PREDETERMINED VALUE.
The principle on which conscan operation is based is shown sche-
matically in Figure 8. 5A-2.
A block diagram showing conscan system components and interfaces
is presented in Figure 8. 5A-3. This system differs from the Pioneer
10 and ii configurations in antenna size [0. 13 meters (44-inch) instead of
2.60 meters (108-inch) diameter], and the feed movement mechanism,
which is not required for Pioneer Venus. Also, the antenna configuration
is simpler because conscan is required with the high-gain link only.
The amplitude modulated antenna output is coherently detected by
the spacecraft PLL receiver AGC. The AGC is required to remove con-
scan signal amplitude dependence on received carrier power level which
8. 5A-i
ANTENNA
S PATTERN AFTER
HIGH GAIN 3.14 RAD (180 DEG)
ANTENNA SPIN ROTATIONREFLECTOR
/ OFFSET
EARTH
NTENNANTENNA
PATTERN
a) CONSCAN GEOMETRY
THE HIGH-GAIN ANTENNA HAS AN OFFSET FEED TO TILT THE RADIATION
PATTERN BY AN ANGLE na FROM THE SPIN AXIS. IF THE EARTH IS ON THESPIN AXIS, THE TENNA GAIN (OA) W LL BE CONS ANT. W EN THE
EARTH ASPECT ANGLE IS ee THE SPIN ROTATION CAUSES THE ANTENNA
GAIN TO VARY CYCLICLY (BETWEEN VALUES REPRESENTED BY OC AND OB
IN THE FIGURE), THUS CAUSING AN AMPLITUDE MODULATION AS SHOWNI  b)
SIGNALSTRE GTH
ATTERN WHERE
C = CROSSOVER GAIN IN DB
8b= 3 DB BEAMWIDTH IN DEG
b) MODULATION PRODUCED BY CONSCAN
FOR SMALL POINTING ERRORSS,, THE RECEIVER INPUT IS A CARRIER WITH
SINUSOIDAL AMPLITUDE MODULASPIN ROTATION CAUSES THE ANON.
Figure 8 TO V5A-2. Conscan Principle of Operation
CONSCAN DERIVES ATTITUDE INFORMATION FROM THE AMPLITUDE MODULATION
PRODUCED BY POINTING ERRORS AND THE SPACECRAFT SPIN WHEN THE HIGH GAIN
ANTENNA PATTERN IS AT AN ANGULAR OFFSET FROM THE SPIN AXIS
varies over a wide range. For weight economy (smaller filter components
and IF amplifier design simplicity) wideband AGC is used. The conscan
signal (AGC control voltage) is recovered at the output of the AGC ampli-
fier. The main receiver AGC requirement is a 40-dB dynamic range with
linearity of 10WH percent.
The digital conscan signal processor determines the amplitude andphase of the conscan signal. It utilizes an internal spacecraft roll reference
for optimally processing the conscan signal with minimum transient effects.
This unit utilizes the sine-cosine estimating process from which the phaseangle and the amplitude of the conscan signal are calculated. Phase in-
formation is applied to a countdown circuit and converted to a firing
pulse. Amplitude information is compared digitally with fixed threshold
values for threshold detection. Digital circuitry is employed in the proa
cessor to take advantage of compactness and zero drift characteristics.
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THE HIGH GAIN ANTENNA ASSEMBLY CONSISTS OF A 1.12 METER (44 iNCH) DIAMETER PARABOLIC Figure 8.5A-3. Conscan System Block Diagram
REFLECTOR, A CROSSED DIPOLE FEED, AND THE ASSOCIATED HARDWARE. THIS ASSEMBLY PROVIDES
A PENCIL BEAM PATTERN OF ABOUT 0.14 RAD (8.4 DEG) HALF POWER BANDWIDTH. THE FEED IS OFFSET
TO TILT THE PATTERN 0.044 RAD (2.5 DEG) FROM THE SPIN AXIS (1 DB CROSSOVER). THE AMPLITUDEMODULATED ANTENNA OUTPUT IS COHERENTLY DETECTED BY THE SPACECRAFT RECEIVER. THE
CONSCAN SIGNAL IS RECOVERED AT THE OUTPUT OF THE AGC AMPLIFIER. THE DIGITAL CONSCANSIGNAL PROCESSOR COMPUTES POINTING ERROR AMPLITUDE AND PHASE AND GENERATES TIMINGPULSES FOR THRUSTER FIRING. ALSO, AMPLITUDE INFORMATION IS COMPARED DIGITALLY WITH A
FIXED THRESHOLD VALUE FOR PROVIDING A THRUSTER ENABLE SIGNAL. THE CONTROL ELECTRONICSASSEMBLY HAS LOGICS FOR TURNING CONSCAN PRECESSION ON AND OFF, SELECTING FIRING PULSE
DURATIONS AND IMPLEMENTING A CONTROL DEADZONE. A ROLL REFERENCE IS PROVIDED (TO THE
CONSCAN ROCESSOR) BY THE SPIN PERIOD SECTOR GENERATOR ON THE BASIS OF SUN SENSOR PULSES.
THE CONTROL ELECIRONICS ASSEMBLY SELECTS UN SENSORS AND SHAPES THE SUN SENSOR ROLLREFERENCE PULSES.
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Pulses from the conscan signal processor are applied to the control
electronics assembly of the ADCS subsystem for proper timing of preces-
sion thruster firings. The threshold signal from the processor is also
supplied to the control electronics assembly (CEA) and is used as an enable
signal. The CEA utilizes a gated output signal (consisting of the thres-
hold signal, the timing pulse, and a set-reset flip-flop controlled by
ground command) to establish the validity of thruster firing. In the event
that the conscan signal level should momentarily fall below threshold during
closed loop operation, the control electronics assembly turns the conscan
function off until receiving a ground command to continue the conscan
pointing process.
The control electronics assembly also determines the length of the
precession thruster firing pulses. Various step sizes can be used. The
125 millisecond pulse duration (approximately 0. 25 degree step) will be
used for open-loop precessions. The 33. 125 millisecond pulse duration
(0. 038 degree step size) will be utilized for conscan precession to: i) min-
imize the nutation amplitude, which gets amplified by the high-gain antenna,
and 2) minimize the possibility of limit cycling at the deadzone boundary.
The control electronics assembly requires a ground command to select
the proper firing pulse width.
Firing pulses will be issued once every two spacecraft revolutions
to minimize the nutation amplitude that occurs during multiple-pulse pre-
cessions. Firing once per revolution is desirable, but it is not feasible
because the conscan processor needs at least one spin cycle to perform
the integrations required for phase and amplitude estimations.
A roll reference signal for the conscan processor is supplied by the
spin period sector generator (SPSG). The SPSG receives its reference
from the sun sensor assembly. The SPSG counts an internal clock for
one spacecraft revolution and digitally divides this interval into a number
of sectors for generating evenly spaced timing signals which are harmon-
ically related to the spacecraft spin rate. The digital conscan signal pro-
cessor utilizes the 51Zth harmonic of the spin rate (P 5 1 2 ) for performing
its internal functions. Two operation modes are provided by the spin period
sector generator: the spin period averaging mode, and the non-averaging
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mode. The first updates the spin rate every 64 revolitions of the space-
craft and uses a 64-revolution average for its reference. The second
mode utilizes an average based upon the period between the last two roll
pulses and has a i cycle delay between updating signals. Both modes can
be utilized for conscan operation and are selectable by ground command.
2. CONSCAN SYSTEM DESIGN AND PERFORMANCE
The orbiter high-gain antenna consists of the DSCS-II reflector and
the Pioneers 10 and ii feed horn, both without modification. The feed is
offset by approximately 0. 024 meter (0. 9 inch) to provide a radiation
pattern tilt angle of about 0. 044 radians (2. 5 degrees) from the spin axis.
A cross-section of the high-gain antenna radiation pattern is shown
in Figure 8. 5A-4, which also presents the analytical model used in a digi-
tal program (described later) for simulation of the entire conscan system.
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Figure 8.5A-4. High Gain Antenna Pattern
THE RECEIVING ANTENNA PATTERN, SHOWN IN BROKEN LINES, HAS A HALF POWER BEAMWIDTHOF ABOUT 0.14 RAD (8.4 DEG). THE FEED IS OFFSET TO PROVIDE A TILT ANGLE 0 OF ABOUT
0.044 RAD (2.5 DEG), WHICH SETS THE -1-DB CROSSOVER POINT ON THE SPIN AXIS. FOR
SIMULATION PURPOSES, THE RECEIVING PATTERN HAS BEEN MODELLED BY THE FOLLOWINGGAUSSIAN APPROXIMATION
R(a) = -[ 0 .0174 2 + 1.16 x 10-4 4
WHEREa IS THE ANGLE FROM THE BORESIGHTAXIS IN DEGREES. POINTS SHOWN IN THE FIGURE
WERE OBTAINED FROM THE PRECEDING ANALYTICAL EXPRESSION.
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The Pioneers 10 and ii receiver, with no modifications, is used
in the conscan system. A simplified block diagram and transfer functions
of the receiver are given in Figure 8. 5A-5, and typical AGC characteristics
are shown in Figure 8. 5A-6.
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Figure 8.5A-5. Conscan Receiver Simplified Block Diagram
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Figure 8.5A-6. Receiver Characteristics
PART a) SHOWS THE AGC CHARACTERISTIC IS APPROXIMATELY LOGARITHMIC.
LINEARITY CAN BE ASSUMED OVER A VARY WIDE RANGE OF INPUT POWERS.
PART b) PRESENTS RESULTS OF CLOSED LOOP AGC RESPONSE MEASUREMENTS.
THE RESPONSE CAN BE APPROXIMATED BY A SINGLE POLE LOW PASS FILTER.
The S-band preamplifier establishes the receiver noise figure at
6 dB or better and determines conscan noise errors. The S-band signal
is heterodyned to a convenient IF for controlled amplification. Since
the receiver local oscillator is phase locked to the incoming signal, a
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coherent amplitude detector is employed and the detected conscan signal
is applied to the AGC loop filter. This filter is used to establish the closed
loop response and the AGC noise bandwidth. Until an appropriate signal
level is attained in the IF amplifier, the action of the AGC is delayed by
the comparator and operates when the loop filter signal exceeds the
reference voltage eG. A relatively constant IF signal level is maintained
through the application of the comparator output signal to the control ter-
minals of the AGC'd IF amplifier. In order to provide an error signal of
sufficient amplitude to drive the conscan processor, an amplifier external
to the AGC loop is employed which buffers the control signal and establishes
the pointing error voltage sensitivity scale factor.
The closed loop AGC slope is inversely proportional to the IF ampli-
fier attentuation, K A , in dB/volt. Therefore, the AGC slope linearity as
a function of the received carrier strength is mainly established by the
linearity of KA . The variation in the AGC slope also introduces a phase
error. However, because of the wide AGC bandwidth, this error is small.
Since the processor is basically an integrate-and-dump device, one
would expect, ideally, a I sinx frequency response about the spin fre-x
quency with nulls at multiples of i /2 the spin frequency. However, the
square wave mixer reference signal contains odd harmonics, frequency
= nw s , of relative magnitude I/n, which mix with interfering signals
near these odd harmonics of the spin frequency and the resulting processor
response as shown in the figure. As evident from these data, even har-
monics are not significant and odd harmonics (primarily third) may be the
dominant interfering signals.
The digital conscan processor is also identical to the Pioneers 10 and
ii unit. A block diagram and a functional description of the processor
are given in Figure 8. 5A-7. The conscan signal, from the receiver AGC
amplifier, includes the fundamental conscan signal and interference, which
consists primarily of higher harmonics, high and low frequency nutation,
and thermal noise. The input signal is high-pass filtered to block the DC,
and then low-pass filtered to improve the input SNR. These filters will
introduce small phase shifts and amplitude variations due to changes in
spin frequency. The signal is then sampled (128 samples/cycle) and con-
verted to equivalent binary data with a maximum of +7 bits. The data are
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then multipled by in-phase and quadrature square waveforms. Results
are accumulated (integrated) for one conscan revolution. The processor
requires an external frequency reference, which is provided by the spin
period sector generator. This reference is used to derive the multiplying
signals, which can be advanced or delayed (±45 degrees in 3 degree steps)
to provide phase compensation for the system components. During the
processing cycle, the phase and amplitude of the conscan signal are es-
timated. In reality, instead of phase, a timing pulse which corresponds
to the positive going axis crossing is needed. This is accomplished by
first computing tan 4 and generating tan (360-8 ) as shown in the figure.
The estimated axis crossing time corresponds to the coincidence between
tan 4 and tan (360-8). The cot 4 and cot 8 are computed in odd octants
to conserve processor size. This procedure used in calculating axis
crossing time results in peak approximation errors of less than 0. 044
radians (2±Z. 5 degrees).
The amplitude estimate is computed. approximately by the addition
of the larger of the integrator output magnitudes to one half of the smaller.
This results in peak errors of ±6 percent with respect to the optimum root
sum square method. The resultant estimate is compared to a threshold
which is set in 0. 39 mV steps. If the threshold is exceeded, the firing
pulses are enabled to the attitude determination and control system (ADCS).
If the amplitude estimate falls below threshold, the ADCS terminates con-
scan precession.
Figure 8. 5A-8 shows conscan processor frequency responses pre-
dicted by analysis and obtained by tests. Superimposed on the graph
are points corresponding to frequency response results obtained with the
digital simulation program described in Figure 8. 5A-9.
Figure 8. 5A-9 is a block diagram of the digital simulation
program developed for determining attitude determination accuracies pro-
vided by conscan telemetry data. As shown in Figure 8. 5A-4, a gaussian
model of the antenna pattern provides very good fit within ±0. 122 radian
(±7 degree) from boresight. The model used in the simulation also includes
capabilities to introduce ellipticity errors in every cross section of the
pattern normal to the boresight axis. A Fourier analysis subroutine
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Figure 8.5A-7. Digital Conscan Processor Block Diagram
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Figure 8.5A-8. Conscan Processor Freuency Response IS ASSUMED LOGARITHMIC AND IS MODELLED AS A FIRST ORDER LAG. THE CONSCANSIMULATIO1 INCLUDES A MODEL OF THE INPUT FILTER, SAMPLING, QUANTIZATION,
LIMITING AND DIGITAL OPERATIONS PROVIDING ATTITUDE DATA FOR TELEMETRY.
LINEARIZEDIGROUND SIGNAL PROCESSING (K CONSTANT) AND NO TELEMETRY ERRORS
ARE ASSUMED.
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jOAUMT I. AE
is used to compute amplitudes of the DC, and the first five harmonic
components of the logarithmic output from the antenna pointing kinematics.
The receiver is simulated by a constant gain (K ag) and a first-order lag
using values given in Figure 8. 5A-6. The digital conscan signal processor
is simulated in detail, including input filter, sampling, quantization,
limiting, sine and cosine square wave generators (spin synchronous),
multipliers, and accumulators. Correlations between the conscan pro-
cessor simulation and previous analyses and tests are very good, as
shown in Figure 8. 5A-8. Telemetry errors are neglected and linearized
ground processing is assumed (calibration factor K is taken as constant).
The program has capabilities for performing Montecarlo sums with random
inputs provided by a gaussian subroutine.
Figure 8. 5A-10 shows conscan
attitude determination error as a
0function of earth aspect angle (space-
craft pointing error relative to the
0.5 earth). These errors are RSS, 3y,
and include contributions due to an-
0.4 tenna misalignments, scale factor
uncertainties, spacecraft nutation,
./ and receiver and conscan processor
nonlinearities.
0.2 /Figure 8. 5A-ii shows effects
of calibration curve approximation,
0.1
0 1 2 3 4 5 (DEG) and conscan processor nonlinearities,
EARTH ASPECT ANGLE
T 05 0 on attitude determination accuracy.
O 0.017 0.035 0.052 0.070 0.087 (RAD)
Errors due to antenna misalignments
Figure 8.5A-10. Conscan Attitude Determination Errors are presented in Figure 8. 5A-12 as
THE CURVE SUMMARIZES RESULTS OF A SIMULATION ANALYSIS OF THE
CONSCAN SYSTEM OPERATING WITH THE HIGH GAIN ANTENNA SELECTED a function of spacecraft pointing
FOR THE ORBITER. ESTIMATION ERRORS (3a), BASED ON TELEMETRY DATA,
ARE GIVEN AS A FUNCTION OF EARTH ASPECT ANGLE (SPACECRAFT
POINTING ERROR, RELATIVE TO EARTH). NOISE EFFECTS ARE NEGLIGIBLE errors. Effects of spacecraft nuta-
SINCE THE TOTAL RECEIVED POWER WILL BE GREATER THAN -126 DBM.
ERROR SOURCES INCLUDE ±3.5 MRAD (0.2 DEG) MISALIGNMENT, 5 PERCENT
SCALE FACTOR UNCERTAINTIES, 6.3 MRAD (0.36 DEG) NUTATION ANGLE, tion on attitude determination ac cur-
5 PERCENT AGC NONLINEARITY, AND CONSCAN PROCESSOR QUANTIZATION
AND SIGNAL LIMITING
acy are covered in Figure 8. 5A-13.
In the simulation, the conscan calibration curve has been approx-
imated by a constant factor providing good fit for spacecraft pointing
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SIMULATION. CURVE MODELING. NOTE THAT IN THE REGION OF
GOOD FIT, 0 TO 0.035 RAD (0 TO 2 DEG), THE ESTI-
MATION ERRORS ARE LESS THAN 0.87 MRAD (0.05 DEG).
Figure 8.5A-11. Conscan Calibration Curve and Attitude
Determination Errors due to Antenna
Calibration and Conscan Processor Nonlinearities
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Figure 8.5A-13 Effects of Spacecraft Nutation on Attitude Determination Accuracy
errors in the range from 0 to 0. 035 radian (0 to 2 degrees). Other scale
factor values have been used, and the corresponding effects on attitude
determination accuracy are shown in Figure 8. 5A-14.
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Figure 8.5A-14. Effect of Scale Factor Selection on Attitude Determination Accuracy
VARIOUS LINEAR APPROXIMATIONS TO THE CONSCAN CALIBRATION CURVE ASSUMED IN THESIMULATION ARE SHOWN IN a). THE CORRESPONDING ATTITUDE DETERMINATION ERRORSARE SHOWN IN b) AS FUNCTIONS OF SPACECRAFT POINTING ERROR.
Figure 8. 5A-15 shows results of a series of Montecarlo runs pro-
viding estimates of the effects of receiver thermal noise on conscan
attitude determination accuracy. Error contributions due to noise are
not included in Figure 8. 5A-10 because received powers will be greater
than -126 dBm, and the small resulting errors can be reduced even fur-
ther by averaging.
3. FANSCAN SYSTEM DESCRIPTION
Fanscan differs from conscan in the following aspects:
* The antenna pattern is of the fanbeam type (instead of pencil-beam
as in Pioneers 10 and ii)
* The spin axis orientation desired is perpendicular to the earth line
* Only error amplitude measurements are significant because phase
angles are approximately equal to the sun-spacecraft-earth angle
* Automatic precession capability cannot be implemented without
ground intervention (for commanding directions of precession).
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An outline of the fanscan principle of operation and its main features
is given in Figure 8. 5A-16. The digital conscan signal processor can be
used to derive attitude data with fanscan because it provides good rejection
to even harmonics of the spin frequency.
The fanscan antenna is a shortened Pioneer array consisting of
10 elements. Pattern data are given in Figure 8. 5A-17, which also
shows points obtained by means of the gaussian approximation used
for simulation.
Figure 8. 5A-1 8 shows results of a Fourier analysis of the fanscan
signals (as shown in Figure 8. 5A-16) corresponding to various values of
spacecraft pointing error.
The processor used with fanscan is identical to the Pioneers 10 and
ii conscan processor and, for this reason, it is not described here.
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O) ANTENNA CONFIGURATION USED IN FANBEAM/FANSCAN ORBITERS b) FANSCAN GEOMETRY IN FLIGHT
THE FANSCAN ANTENNA IS A 24 INCH FRANKLIN ARRAY FANSCAN PROVIDES DATA TO TELEMETRY FROM WHICH
WITH A MAXIMUM GAIN OF 7.5 DB AND A HALF-POWER THE ASPECT ANGLE ERROR CAN BE ESTIMATED. THIS ANGLE
BEAMWIDTH OF 0.21 RAD (12.3 DEG). ITS AXIS IS AT AN IS THE COMPLEMENT OF THE ANGLE BEiWEEN THE SPIN
ANGLE OF 0.061 RAD (3.6 DEG) FROM THE SPIN AXIS. THE AXIS AND EARTH. FANSCAN PROVIDES A PHASE ANGLE
HIGH GAIN ANTENNA IS A 48-INCH FRANKLIN ARRAY MEASUREMENT ANALOGOUS TO CONSCAN, BUT THIS
PROVIDING A MAXIMUM GAIN OF 11 DB. THE HALF-POWER ANGLE IS ONLY AN APPROXIMATE MEASURE OF THE SUN-
BEAMWIDTH IS 0.105 RAD (5.8 DEG). SPACECRAFT-EARTH ANGLE. AUTOMATIC PRECESSIONCAPABILITY CANNOT BE IMPLEMENTED UNLESS ADDITIONAL
INFORMATION IS PROVIDED TO DEFINE THE DIRECTION OF
PRECESSION REQUIRED.
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Figure 8.5A-16. Fanscan Principle of Operation Figure 8.5A-17. Fanscan Antenna Pattern ox io
THE FANSCAN ANTENNA IS A 10 ELEMENT FRANKLIN ARRAY PROVIDING A 2
MAXIMUM GAIN OF 7.5 DB. THE HALF-POWER BEAMWIDTH IS 0.21 RAD
(12.3 DEG). FOR SIMULATION PURPOSES, THE ANTENNA GAIN IS GIVEN BY THE
THE FOLLOWING EXPRESSION:
R(a)= e- 9. 1 6 x 10-32 3 (DEG)
WHERE a IS THE ANGLE IN DEGREES FROM THE PLANE PERPENDICULAR TO THE POINTING ERROR
ANTENNA AXIS I
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Figure 8.5A-18. Fanscan Signal Harmonics
THE FIGURE GIVES FOURIER COEFFICIENTS OF THE FANSCAN
SIGNAL (MODULATION AT THE RECEIVER INPUT, RELATIVE TO
CARRIER AMPLITUDE WITH MAXIMUM ANTENNA GAIN) AS
FUNCTIONS OF POINTING ERROR. A FANBEAM ANTENNA
TILT ANGLE OF 0.061 RAD (3.6 DEG) IS USED.
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4. FANSCAN PERFORMANCE
The simulation described in Section Z of this appendix was modified
to include a model of the fanscan antenna kinematics. A limited number
of runs were made because the Version IV science payload requirements
could not be met by the fanbeam/fanscan configurations and, therefore,
fanscan error analysis work was terminated.
Figure 8. 5A-i 9 shows that the effects of sampling, quantization,
and fanscan signal harmonics are negligible. Effects of antenna misalign-
ments on fanscan attitude determination accuracy are shown in Figure
8. 5A-Z0.
So far, the antenna radiation pattern has been assumed symmetric
about a plane normal to the antenna axis. Distortions invalidating this
assumption may occur due to ground plane effects. Figure 8. 5A-21 pre-
sents estimates of the attitude determination errors caused by ground
plane effects, on the assumption that the corresponding distortions are
symmetric about the antenna axis.
30
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Figure 8.5A-19. Attitude Determination Errors due to Fanscan Signal
Harmonics and Fanscan Processor Nonlinearities
RESULTS INCLUDE EFFECTS OF SIGNAL HARMONICS UP TO THE FIFTH AND
PROCESSOR SAMPLING AND QUANTIZATION.
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Figure 8. 5A-20. Attitude Determination Errors Due to Antenna Misalignments
ATTITUDE DETERMINATION ERRORS ARE GIVEN AS FUNCTIONS OF EARTH ASPECT ERROR
WITH ANTENNA MISALIGNMENT ERROR AS A PARAMETER.
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Figure 8. 5A-21. Effect of Ground Plane Antenna Pattern
Distortions on Fanscan Attitude Determination Accuracy
GROUND PLANE EFFECTS ARE ASSUMED TO PRODUCE SYMMETRIC
DISTORTIONS OF THE FANSCAN ANTENNA PATTERN AS SHOWN
IN THE FIGURE. ATTITUDE DETERMINATION ERRORS ARE GIVEN
AS FUNCTIONS OF EARTH ASPECT ANGLE ERRORS WITH THE TILT
ANGLE o AS A PARAMETER.
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APPENDIX 8. 5B
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APPENDIX 8.5B
DOPPLER MEASUREMENT OF SPIN AXIS ATTITUDE
i. INTRODUCTION
Figures 8.5B-i and 8.5B-2 describe briefly the doppler measure-
ment techniques proposed for attitude determination on the Pioneer Venus
spacecraft. Both methods have been used successfully on Pioneers 10
and i.
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Figure 8.5B-1. Spin Axis Attitude Determination by Doppler Modulation Effects
THE SPIN AXIS ATTITUDE CAN BE DETERMINEDFROM CHANGES PRODUCED BY THE SPIN ON THE DOPPLER
SHIFT OF RF SIGNALS FROM AN OFFSET ANTENNA. IF THE SPIN AXIS IS AT AN ANGLE ae FROM THE
EARTH LINE, THE DOWNLINK SIGNAL IS FREQUENCY MODULATED AT THE SPIN FREQUENCY. THE PEAK
FREQUENCY DEVIATION IS PROPORTIONAL TO THE POINTING ANGLE ae. DOPPLER MODULATION ALSO
PROVIDES PHASE INFORMATION WHICH, WHEN CORRELATED WITH AN ON BOARD SOURCE OF ROLL
REFERENCE (i.e. SUN SENSOR), DEFINES THE SPIN AXIS ATTITUDE UNIQUELY. DOPPLER MODULATION
SENSITIVITY IS MAXIMUM FOR POINTING ANGLES NEAR ZERO AND DEGRADES RAPIDLY FOR POINTING
ERRORS APPROACHING 1.57 RAD (90 DEG).
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Figure 8 5B-2. Earth Aspect Angle Determination by Doppler Shift Measurement
AFTER A AV MANEUVER, THE VELOCITY CHANGE COMPONENT ALONG THE EARTH LINE IS OBTAINED
BY DOPPLER MEASUREMENT. THE RATIO OF THIS COMPONENT TO THE PREDICTED VALUE OF THE
MANEUVER EXECUTED GIVES THE COSINE OF THE POINTING ANGLE ae. THIS ATTITUDE DETERMINATION
TECHNIQUE PROVIDES ONLY A MEASURE OF THE POINTING ERROR AMPLITUDE AND IT IS MOST
SENSITIVE FOR SPIN AXIS ORIENTATIONS NORMAL TO THE EARTH LINE. IT IS PREFERABLE TO USE
DOPPLER SHIFT ONLY IN THOSE INSTANCES WHERE A AV MANEUVER IS REQUIRED (i.e. MIDCOURSE
CORRECTIONS, PERIAPSIS MAINTENANCE, PROBE BUS RETARGETING)
This appendix presents preliminary design considerations and error
analyses on which attitude determination performance estimates for the
probe bus and orbiter spacecraft are based.
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2. DOPPLER TRACKING
Doppler tracking is a technique whereby the radial velocity of a
spacecraft is determined by measuring the doppler frequency shift of the
received RF signal on the ground. For accurate doppler tracking, the
DSIF transmitter must operate at a precisely known frequency. In the
majority of spacecraft tracking, the range rates are small enough so that
the transmitter can be tuned to a constant frequency (called track synfreq)
just after two-way acquisition, which will permit tracking by the space-
craft transponder with acceptable tracking loop phase errors.
The DSIF can acquire tracking data by the use of two types of
doppler measurement. One-way doppler is obtained by observing the
received frequency and comparing it with the assumed frequency of the
spacecraft auxiliary oscillator. Two-way doppler is obtained by tracking
the spacecraft in a two-way mode and comparing the uplink transmitted
frequency with the received downlink.frequency. Because of its much
greater accuracy, two-way doppler tracking is the approach used in
determining spacecraft trajectories and spin axis attitude.
A block diagram describing the doppler tracking system is pre-
sented in Figure 8. 5B-3.
The master oscillator provides a stable frequency reference to a
frequency synthesizer which establishes the ground transmitter frequency,
WGT. The ground station transmits an RF carrier signal which is
received by the PLL receiver in the spacecraft. The received frequency
at the input to the spacecraft receiver's first mixer is wSR. This fre-
quency differs from wGT by the uplink doppler shift, due to the space-
craft's velocity away from the tracking station. The spacecraft receiver
forms an estimate of the phase and frequency of the received signal,
coherently multiplies the signal frequency by the transponder turnaround
ratio, G, and transmits a downlink RF carrier at a frequency wST. The
transponder ratio for DSIF-compatible spacecraft is 240/221 for S-band
or 880/221 for S-band uplink and X-band downlink. The ground receiver
observes a received frequency, GR' which differs from the transmitted
downlink frequency by the downlink doppler shift. The ground station PLL
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Figure 8.5B-3. Doppler Tracking System Functional Block Diagram
receiver forms an estimate of the phase and frequency of the received
signal. This estimate is compared with the frequency of the transmitted
signal by the doppler extractor to obtain an estimate of the two-way
doppler frequency shift.
Assuming the spacecraft receiver estimate of the received frequency
is perfect (SR = SR), and the range rate R << c 3 x 10 m/s, the esti-
mate of the frequency received on the ground is given approximately by
A 2RGR GGT(1 ) + E + E 2
where E i and E2 are the errors due to uplink and downlink phase shifts.
The two-way doppler shift is defined as
&A GTD - Gw -2G R +E + E2 GR GT c 1 2
The primary source of uplink phase errors is the charged particles along
the propagation path. Downlink errors include effects due to both charged
particles and spacecraft receiver delays. Plasma effects on doppler mea-
surements are frequency dependent and, consequently, can be corrected
when S-band and X-band differential doppler measurements are possible.
Assuming a ground station transmitter frequency of 2. 11 x 109 Hz, the
two-way doppler shift is Df = 15.3 Hz/(m/s).
3. DOPPLER MODULATION
Assuming the geometry of Figure 8. 5B-i, the instantaneous doppler
shift about the average is
fd = Df r sin a cos W td fs e s
If Fd is the maximum doppler frequency deviation, the spin axis
pointing error is
-I Fd
S= sin
e Df s r
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Differentiating and averaging, the pointing angle estimation error is
2 2 2
a% - tan + \ Zr +
Where AFd2 is the variance of the filter used for estimating the doppler
modulation amplitude, ADf is the doppler shift uncertainty, A s is the
spin speed estimation error, and Ar is the radial antenna misalignment
(including mechanical misalignments and phase center displacements).
For ae = 0 the preceding expression reduces to AUe = AFd/(Df s r).
Preliminary estimates of errors in the determination of the spin
axis orientation by means of doppler modulation measurements are given
in Figure 8. 5B-4 for the Version IV science payload spacecraft. The
figure also shows effects of estimation parameter variations on attitude
determination accuracies for. the Thor/Delta Version III science spacecraft
spacecraft.
The amplitude of the sinusoidal doppler rate seen by the tracking
station is given by
*GT 2D = 2G- w r sin a
c s e
The tracking loop bandwidth (2BL, in Hz) required is given approximately
by
(2 BL)2 D2A
where AO is the allowed loop static phase error in radians. The maxi-
mum allowable spin rate for given A and 2 BL is
I
30 ax 2 zG GT r sin e
Figure 8. 5B-5 shows limits on spin speed for two antenna configurations
on the assumption of an allowable static error of 0.4 radian, a 2 BLO
bandwidth of 10 Hz, and a tracking loop bandwidth 2 BL 25 Hz.
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Figure 8.5B-5. Maximum Allowable Spin Speed as a Function
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4. DOPPLER SHIFT MEASUREMENT
Using the nomenclature of Figure 8. 5B-2, the pointing angle a
is given by
a = cos fa
After differentiation and averaging, the following expression for the
pointing angle estimation error is obtained
A e cot e [( d 
D -f) + V
For a = 1.57 radians (90 degrees) the resulting expression is
Afds
A e ae=900 = DfAV sin a
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Preliminary attitude determination error estimates, based on the
preceding expressions, are given in Figure 8. 5B-4 for the Version IV
science spacecraft. The figure also shows effects of parameter variations
on attitude determination accuracies for the Thor/Delta Version III
science spacecraft.
5. ANTENNA TESTS
A test program was conducted to determine antenna phase center
deviations occurring during rotations about the mechanical axis of
symmetry. Relative phase measurements were made on the engineering
model conical log spirals in question: the DSP antenna for the probe bus
and the Pioneer 10 and 11 antenna for the orbiter. Maximum phase center
displacement measured was ±0. 122 inch at an aspect angle of 1.05 radian
(60 degrees) from the axis. Although the measurements were made on
the antenna in "free space," the measured phase center displacements
are representative of those achievable with the antennas installed on the
spacecraft with proper location and precision alignments. Antenna design
requirements could include maximum phase center deviations of +0.25 inch
when installed on the spacecraft.
ASPECT ANGLE The maximum phase center deviation
2C/ (E) from the antenna axis of rotation was
determined from relative phase measure-
PHASE CENTER
P C ments as a function of aximuth angle (0)
as shown in Figure 8. 5B-6. The phase
deviation in degrees, convertible to wave-
0 lengths, indicates the relative phase center
deviation from the axis of rotation as ob-
served from the respective antenna aspect
angle. Measurements were made in 0. 17-
Figure 8.5B-6. Relative Phase Measurement Coordinates
radian (10-degree) increments in aspect
angle (8) from 0 to 1. 05 radians (0 to 60 degrees). Test results shown in
Figure 8. 5B-7 indicate that radial phase center offsets in the 0. 12 to 0. 21
inch range, occur in the range of aspects from 0. 52 to 0. 87 radians (30 to
50 degrees). These offsets are included in the error estimates of Figure
8. 5B-4a), which are based on a conservative uncertainty allocation of
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+0. 5 inch for misalignments. The estimated phase error introduced by
test alignment and instrumentation drifts is ±0. 03 radian (±2 degrees)
(:10. 03 inch).
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Figure 8.5B-7. Measured Conical Log Spiral Phase Center Deviations
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APPENDIX 8. 5C
STAR MAPPER SENSOR CONSIDERATIONS
Star mappers have been considered as a potential approach to
improving attitude determination accuracy in case the need arises as
a consequence of new requirements or changes of design ground rules.
Figure 8. 5C-1 summarizes some of the most significant trade-
off factors involved in the selection of star mapper design requirements.
Consistent with the minimum cost and weight philosophy adopted for
the study, the following preliminary requirements were established:
* Accuracy in 0. 008 to 0. 017 radian (0. 5 to 1. 0 degree)
range (without processing)
* Northern hemisphere view in Venus orbit
* Operation in normal-mode Venus-orbit attitude as
baseline
* Some degradation of performance in other orienta-
tions (i. e., due to planet interference) is acceptable.
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* LOWERING ACCURACY REQUIREMENTS TO 0.008 TO
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Figure 8. 5C-1. Star Mapper Sensor Tradeoffs
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A survey of existing and proposed designs revealed there is no
instrument applicable to the Pioneer Venus mission that does not require
extensive modifications or impose significant cost and weight penalties.
On the assumption that developing a light and simple new design
may be more cost effective than modifying an existing one, various con-
figurations have been examined in order to assess the impact of FOV
and detector changes on shade size and weight, star availability, and
sensor performance.
Table 8. 5C-1 presents a summary of a preliminary survey of
existing and proposed star mappers aimed at determining their appli-
cability to the Pioneer Venus mission. The conclusion is that none of
the designs listed is directly applicable. In most cases, the modifica-
tions required are so extensive that they practically imply complete
redesigns of the units considered. Fields of view (FOV), apertures, and
shade sizes are in general much larger than the ones required by the
minimum requirements assumed for the Pioneer Venus application.
The lightest sensors shown in the table either have never been built or
do not provide star aspect information.
The sensor developed by Johns Hopkins' APL for the SAS-B program
appears to be a potential candidate design on the basis of published infor-
mation. Further studies and tradeoffs will be required for defining
whether adaptation of this instrument is a cost effective approach.
Four preliminary star mapper designs based on criteria and require-
ments outlined in Figure 8.5C-i have been prepared. Two sensor configu-
rations include photomultiplier tubes with S-20 spectral response and the
other two use silicon detectors.
Table 8.5C-2 shows stars available for two fields of view in the
normal mode orbiter orientation and the attitudes required for periapsis
maintenance maneuvers. A field of view of 1.8 degrees has been tenta-
tively selected to include one star brighter than M V = +1 during each spin
revolution, thus allowing operation with small optical apertures. A high
threshold level is used in order to reject dimmer stars and reduce back-
ground noise. The sun sensor is assumed to provide an additional reference
for attitude determination.
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Table 8. 5C-i. Star Mapper Survey
PROGMANUFACTURERAM DETECTOR AND VIEW SENSITIVITY SUN SIZE WEIGHT POWERFPROGRAM DETECTOR ANE (MAGNITUDE) RATEA LE APPLICATION TO TRW PIONEER VENUSAPERTURE (DEGREES) (RPM) MINUTES) ANGLE (CM) (KG) (WATTS)
ASE PMT 10x5 +5 0.1-1 1.0 40 25.4 x 12.7 0.65 LARGE OPTICS NECESSITATES LARGE SHADE.SLITS 
ELECTRONICS INADEQUATE. BANDWIDTHNARROW. WEIGHT HIGH. REQUIRES
EXTENSIVE MODIFICATION.
BBRC PMT REFRACTIVE 10 V-TYPE +4.5 30 1.8 NIGHT 33 x 10.2 1.25 LARGE OPTICS. LARGE SHADE NEEDED.OSO-7 ONLY EXTENSIVE MODIFICATION.
CDC PMT 12 +2.5 100 1.5 28 15.24 x 30.5 x 45.7 0.75 VERY LARGE AND VERY HEAVY. NEEDSATS-3 
LARGE SUNSHADE. EXTENSIVE MODIFICA-
TION.
CDC CADMIUM CONCENTRIC 4 N/A N/A N/A N/A N/A N/A N/A WORKS ONLY AT VERY LOW SPIN RATES.SPARS SELENIDE 2.25 IN. CLASSIFIED. FIELD OF VIEW SMALL.
In CDC PIONEER SILICON PIN 2.1 IN. 0 75 3 N/A 8.38 x 14 0.73 0.8 NEVER BUILT. FIELD OF VIEW TOO BIG.C) VENUS (PRO- PHOTODIODE EFFECTIVE (SILICON) WORKS ONLY ON BRIGHT STARS.POSED) CASSEGRAIN
GSFC PMT REFRACTIVE +3.5 4-7 6 (37) 90 20.3 x 3.8 1.36 1 DOES NOT GIVE ASPECT. EMI SUSCEPTIBLE.1.25 IN. NO SHADE DESIGN. EXTENSIVE MODIFI-
CATION.
HRC PMT 6ANNER6 +3 60-120 45 54.6 x 20.3 x 40.6 1 VERY HEAVY AND LARGE. EXTENSIVESCANNER 
MODIFICATION.
JOHNS PMT REFRACTIVE 10x 5 +5 0.1-3 I 60 2.13 DM3  2.16 0.4 NEEDS BANDWIDTH WIDENED. POTENTIALHOPKINS 2 IN. PARALLEL PROCUREMENT PROGRAM.APL SAS-B SLITS
KOLLSMAN SILICON REFRACTIVE 45 0 75 18 (Io) 30 19 . 3 x 11.4 2.45 1.0 NEVER BUILT. FIELD OF VIEW TOO BIG.PIONEER (SILICON) WORKS ONLY ON BRIGHT STARS.VENUS
(PROPOSED)
TRW SILICON REFRACTIVE CANOPUS 2-5.8 10 (lcr) 50 15.9 x 11.4 x 15.24 1.14 0.5 WORKS ONLY ON BRIGHT STARS. FIELDPIONEERS CASSEGRAIN OF VIEW TOO BIG. DOES NOT GIVE10 AND 11 BOUWERS F VIEW TOO BIG. DOES NOT GIVE
2.5 IN.
Table 8. 5C-2. Star Availability (Arrow Indicates Preferred Alternative)
DETECTOR RES3ONSE 18 DEGREES 11.3 DEGREESSTAR (AMP/CM z) FOV FOV
HIGH LOW
CONDITION YALE B.S. S-20 SI THRESHOLD THRESHOLD
CAT. NO. x1013 x012 S-20 5-20 SI(PMT) (PMT)
NORMAL 7001 a Lyr VEGA 0.03 AO 0.803 0.438 X X
MODE 5191 7 UMa ALCAID 1.96 B3 0.197 0.090 X
ATTITUDE 4301 a UMa DUBHE 1.79 KO 0.090 0.133 X
PM1 2326 c Car CANOPUS -0.7 FO 1.5 1.07 X X X X
188 Cet DIPHDA 2.08 KI 0.698 0.100 X
PM2 8727 a PsA FOMALHAUT 1.16 A3 0.267 0.17 X X
188 P Cet DEPHDA 2.08 KI 0.698 0.100 X
2326 a Car CANOPUS -0.7 FO 1.5 1.07 X X X
PM3 7924 a Cyg- DENEB 1.26 A2 0.254 0.163 X X
7796 ' Cyg SADIR 2.2 F8 0.071 0.075 X X
7557 a AqI ALTAIR 0.77 A7 0.369 0.263 X X
PM4 4301 a UMa DUBHE 1.79 KO 0.090 0.133 X
7001 a Lyr VEGA 0.03 AO 0.803 0.483 X X X X
1708 a Aur ARCTURUS 0.09 K2 0.514 0.606 X X
PM1: FIRST PERIAPSIS MAINTENANCE MANEUVER ATTITUDE.
Planet interference is expected in the orientations selected for the
third and fourth periapsis maintenance maneuvers. However, the corre-
sponding effects can be easily recognized and removed from the sensor
output data.
Sun shade size is determined primarily by field of view, minimum
angle between sun and sensor optical axis, and aperture size.
Photomultiplier tubes (with S-20 photocathode spectral response)
are more sensitive than silicon detectors due to the essentially noise-free
gain of secondary emission multipliers. Thus, PMT's require smaller
optical apertures and, consequently, smaller shade sizes than silicon
detectors.
Table 8. 5C-3 shows shade sizes and weights as functions of detector
type and FOV. For an 18-degree FOV, the shade required with a silicon
detector - about five times heavier than the one needed with a PMT.
Preliminary design characteristics of the four star mapper configu-
rations considered are shown in Table 8. 5C-4. All four designs are based
on the same accuracy requirements.
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Table 8. 5C-3. Sun Shade Tradeoffs (Arrow Indicates
Preferred Alternative)
FOV DIMMEST APERTURE W LT L1 B SUN WEIGHTDETECTOR (DEG) STAR, MV DIA (CM) (CM) (CM) (CM) (CM) (DEG) (CM)
18 ALTAIR 4.26 22.96 21.56 17.89 9.93 45 830
+0.77
11.3 DUBHE 5.99 22.17 45.11 28.15 11.56 45 1630
+1 .79
18 ALTAIR 1.86 10.01 14.98 7.80 4.33 45 160
S-20 +0.771
11.3 ALCAID 2.40 8.88 18.07 11.28 4.63 45 265
T8I IAPERTURE
LT
Table 8. 5C-4. Star Mapper Design Characteristics
SI S-20 (PMT)
FOV (DEGREES) 18 11.3 18 11.3
SENSITIVITY +0.77 +1.79 +0.77 +1.96
APERTURE (CM) 4.26 7.98 1.86 3.98
SPIN RATE (RPM) 4.8 4.8 4.8 4.8
BANDWIDTH (Hz) 30 30 30 30
ASPECT ANGLE (DEGREES) 34.3 37.65 34.3 37.65
MINIMUM SUN ANGLE (DEG) 45.0 45.0 45.0 45.0
SIZE (CM) 8X8X16 10X 10X20 6X6X16 8X8X20
WEIGHT (GRAMS) (SHADE
INCLUDED) 2430 4030 1360 2265
POWER (WATTS) 0.9 0.9 1.5 1.5
ACCURACY (DEGREES)(NO PROCESSING ASSUMED) 0.6 TO 1 (30) 0.6 TO 1 (3 0) 0.6 TO 1 (30)' 0.6 TO 1 (30)
DOES NOT INCLUDE SUN SHADE, SEE SUN SHADE TRADEOFF CHART.
The PMT version with a FOV of 18 degrees is the preferred choice
(in terms of size and weight) at the present time.
Configuration size estimates are based on experience derived from
past designs. Improvements are possible since, for the purposes of the
present tradeoff studies, no optimizations have been attempted because
relative sizes are essentially correct.
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In the solid state detector cases, most of the weight is due to the
larger optics. In the PMT designs, the heaviest items are the PMT, the
high-voltage power supply and the magnetic shield.
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APPENDIX 8.5D
ANTENNA DESPIN CONTROL SYSTEM
DESIGN AND PERFORMANCE
i. INTRODUCTION
One of the Pioneer Venus orbiter configurations considered is
a spin-stabilized spacecraft with its spin axis normal to the Venus
orbit plane. For data transmission to the earth, it is required that
the spot beam of a despun high gain antenna reflector be pointed at
the earth with an accuracy of 0. 017 radian (±0. 75 degree) throughout
the mission. Sun sensors provide an inertial reference line which is
used to determine the earth's location relative to the spacecraft.
Since the sun's position is measured once per spacecraft revolution,
the antenna pointing error is sampled at the same frequency. A
brushless DC motor supplies the necessary control torque.
2. CONCEPTUAL DESIGN APPROACH
A functional block diagram of the antenna control loop is shown
in Figure 8.5D-i. For the initial despin maneuver, antenna rate con-
trol is required. When this inertial antenna rate is small, the posi-
tion loop and the rate loop are both used. The rate loop is needed as
part of the position loop in order to provide satisfactory control of
the antenna pointing error during the relatively long position sampling
period (12.5 seconds). This implies that the antenna rate has to be
sampled much more frequently than the antenna position.
DISTURBANCE
POSITION DIGITAL/ANALOG ANALOG DESPIN SPACECRAFT 
S
I
T O N
COMMAND CONVERTER COMPENSATION MOTOR DYNAMICS
SRATEMEASUREMENT
Figure 8. 5D-1. Antenna Despin Control System
8. 5D- I
The antenna pointing error is measured in the following manner.
A position pulse indicates the location of the antenna relative to the
spinning spacecraft once per revolution. By means of a phase detec-
tor, the phase angle between the position pulse and the sun pulse is
determined. The difference between this phase angle and the known
sun-spacecraft-earth angle determines the antenna pointing error.
The selected analog compensation is a proportional-plus-
integral control circuit. The control torque is proportional to the
compensated antenna pointing error. Integral control is needed to
offset any constant disturbance such as friction in the ball bearing
assembly.
Two methods of rate measurement have been considered. For
both cases about the same number of rate pulses per spacecraft revo-
lution are required. However, the processing of these rate pulses
differs considerably. The first method employs digital circuitry
while the alternative design requires only analog circuitry. These
two rate loop designs are discussed in more detail in the following
sections.
3. DIGITAL RATE LOOP
A digital method for measuring antenna rate, the stability of
the rate loop and some characteristics of rate loop performance are
investigated in this section.
3.1 Rate Measurement
Consider the rate pulse train and counter shown in Figure 8.5D-2.
The residual count, R, is given by
R = R O - (fc/n)T (i)
where
R - the initial count
fc - the counter frequency
n - number of rate pulses per spacecraft revolution
T - antenna spin period relative to rotor.
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RATE PULSES
R
COUNTER 
R
Figure 8. 5D-2. Rate Pulse Train and Counter
Set the initial count equal to the count accumulated in (1/n)th of a
spacecraft spin period, T s
Ro (fc /n) T s  (2)
In other words, R0 is the spacecraft spin rate bias. The residual
count now becomes
R = (fc/n) (Ts - T) (3)
The antenna rate in inertial space is given by
= s -W (4)
a s
Substituting T = 2Tr/w and Equation (4) into Equation (3), we get
R - (5)
s
Thus, the residual count is proportional to the inertial antenna rate.
When the inertial antenna rate is near zero, we have o cs and
Equation (6) may be written as
f T 2R c= sR - (-W (6)
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Equation (6) shows that the rate measurement gain is proportional to
the square of the spacecraft spin period.
3. 2 Rate Loop Stability
Figure 8.5D-3 shows a linear model of the digital rate loop.
The open-loop transfer function in the z-plane is given by
K K 2/ *
G(z) -- - (7)
a r
where * denotes- a z-transformation. After carrying out the
z-transformation, we get
z+i
G(z) = K z (8)z (z-i)
where
K = K T /2
o r
K = K K /I0 mw a
Note that K and K are the root locus gains in the z-plane and s-plane
respectively.
T
d
BIAS 2
T TT
Figure 8. 5D-3. Linear Model of Digital Rate Loop
The root locus diagram in Figure 8.5D-4 indicates that the rate
loop becomes unstable for K>i. Choosing K = 0.3 as the nominal
operating gain, leaves a gain margin of 10.4 dB. The damping ratio
associated with the critical closed-loop poles at K = 0.3 is 0.53.
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Figure 8. 5D-4. Root Locus of Digital Rate Loop
3.3 Effect of Disturbance Torque
In order to determine the required rate sampling frequency, it
is necessary to analyze the effect of expected disturbance torques.
One of the major disturbances arises from friction fluctuations of the
ball bearing assembly. If these torque fluctuations occur at the space-
craft spin frequency or higher frequencies, they have to be primarily
controlled by the rate loop. The sampling frequency of the position
loop is too low to effectively handle these disturbances.
For the sake of simplifying
the analysis, let us approximate the Td S2la
rate loop by a continuous system as
shown in Figure 8. 5D-5. If Td = K
M sin wt, the magnitude of the re-
sulting antenna pointing error is
Figure 8. 5D-5. Continuous Rate Loop Model
given by
Ia() = M (9)
a w 1 + (Kol/w )
a8.5D-5
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Figure 8.5D-6 shows a plot of the peak pointing error per inch-ounce
of disturbance torque as a function of the rate loop gain (K ) or band-
width for w = 0.5 rad/s (4.8 rpm) and Ia = 0.24 kg-meter
(0. 177 slug-ft2) which is the Helios antenna spin inertia. Assuming
a maximum torque variation of 144. 016 gram-centimeters (2 in. -oz),
the rate loop gain cannot be lower than 9 rad/s without violating the
antenna pointing requirement.
(RAD/G- CM) (DEG/IN.-OZ)
0.00024 1.00
ANTENNA POINTING REQUIREMENT
0.00018 0.75
0
0
z
0.00012 - 0.50
z
0.00006 0.25
0- 0
0 5 10 15 20 25 30
BANDWIDTH OF DIGITAL RATE LOOP (RAD/S)
Figure 8. 5D-6. Antenna Pointing Error Due to Sinusoidal Disturbance
The above result establishes a criteria for selecting the rate
sampling frequency. An expression for the number of rate pulses
per revolution (n) can be derived from Equation (8).
KT
o s
--2- (10)
Stability considerations require that K = 0.3 and expected disturbance
torque fluctuations require that Ko > 9 rad/s. Consequently, at the
nominal spin speed (T s = 12.5 seconds) the minimum value of n is
188 ppr.
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The foregoing analysis may be repeated by using the more
accurate sampled-data model of the rate loop. This is done in the
attachment to this appendix since it involves lengthy algebraic manipu-
lations. The steady-state solution of the antenna pointing error due to
a sinusoidal disturbance torque is given by
M
a(kTr) = K (I - cos wkT) (
a o
where k is an integer. Except for the constant term, this antenna
pointing error agrees well with the result from the continuous rate
loop model when K ° >> w.
The constant offset of the antenna pointing error in Equation (ii)
initially posed a problem. For a linear system the response has to
be sinusoidal if the forcing function is sinusoidal. As the rate sam-
pling frequency is increased, the continuous, linear model of the rate
loop becomes a more accurate representation of the actual system.
However, Equation (ii) indicates that the constant term is independent
of the rate sampling frequency. In other words, the solution from the
sampled-data model does not converge to the solution of the continu-
ous model as expected when the sampling frequency is increased.
Assuming that the derivations of Equations (9) and (ii) are correct,
it can only be concluded that the two models are not completely
equivalent.
In order to check the validity of Equation (iI), a short time-
share simulation (see the attachment at the end of this appendix) of
the digital rate loop was developed. The simulation plots in Figure
8.5D-7 show the antenna rate and position errors in response to a
disturbance torque of.72 g-cm (1 in. -oz). Initially the antenna rate
and position are zero and the disturbance torque is modeled as
T d = sin (t/Z) in.-oz. Note that the antenna position error in Figure
8.5D-7 is in perfect agreement with Equation (ii).
From the simulation results it becomes apparent that the antenna
pointing offset is due to the particular choice of initial conditions. In
8. 5D-7
(RAD/S) (DEG/S)
0.0035 - 0.20
0.0017 - 0.10
O 0
-0.0017 - -0.10
-0.0035 - -0.20
0 10 20 30 40 50 60
TIME (SECOND)
(RAD) (DEG)
0.014 - 0.80
0.010 - 0.60
0.007 - Z 0.40
;-
0.003 - 0.20
0 0
0 10 20 30 40 50 60
TIME (SECOND)
Figure 8. 5D-7. Antenna Response to Sinusoidal Disturbance of 72.01 g. cm
(1 in. -oz) Rate Sam pling Frequency: 200 PPR
deriving Equation (1), zero initial conditions for both antenna rate and
position have been assumed. This gives rise to a constant position
offset because rate and position have a phase diffe ence of 1.57 radian
(90 degrees). When the rate is zero, the position is at a peak value
and vice versa. In using the continuous model, the effect of initial
conditions is excluded because only sinusoidal terms are considered.
The rate loop does not control a constant position error; this
error has to be corrected by the position loop. But it is conceivable
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for the case shown by Figure 8.5D-7 that the position error is zero
whenever it is sampled once per spacecraft revolution. Thus, as a
worst case the antenna pointing error may be as large as
0. 00017 rad/g-cm (0.7 deg/in.-oz) when the rate sampling frequency
is 200 ppr.
To improve this situation, the rate sampling frequency has to
be increased. A recommended value is 512 ppr. Figure 8.5D-8
shows the antenna rate and position errors for this rate sampling fre-
quency. The peak antenna pointing error is 0. 005 radian (0.26 degree)
for a 72.01 g.cm (1 in.-oz) fluctuation of the disturbance torque. If
the maximum torque fluctuation is 144. 02 g* cm (2 in. -oz), the worst-
case pointing error is about 0. 009 radian (0.5 degree). Since the
antenna pointing requirement is 0. 013 radian (0.75 degree), this per-
formance is acceptable.
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Figure 8. 5D-8. Antenna Response to Sinusoidal Disturbance of 72.01 g. cm(1 in. -oz) Rate Sampling Frequency: 512 PPR
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4. ANALOG RATE LOOP
The distinguishing feature of this rate loop design is the analog
processing of the rate pulses. Unfortunately, an undesirable ripple
voltage accompanies the analog rate signal and a low-pass filter is
required to clean up the rate signal. The following discussion deals
with the rate measurement process, the rate loop stability and several
performance characteristics of the analog rate loop.
4. i1 Rate Measurement
Antenna rate measurement is accomplished by the following
process. The rate pulses trigger a one-shot multivibrator and thus
produce a train of equal-duration pulses at a varying frequency.
The average value of this pulse train is directly proportional to the
relative rate between the antenna and the rotor. By including a bias
for the known spacecraft spin rate, a measurement of the inertial
antenna rate is obtained.
Figure 8.5D-9 illustrates an implementation of this process.
When the rate error is zero, the average value of the pulse train f(t)
in Figure 8.5D-9 is equal to the spin rate bias and the unfiltered rate
signal r(t) contains only a ripple voltage. The average value of f(t)
is given by Ad/T where A is the rate pulse amplitude, d is the pulse
duration and T is the period of the pulse train.
RATE __ ONE-SHOT If(t)R I e(0 r t RATE
PULSES MULTIVIBRATOR INTEGRATOR FILTESIGNAL
SPIN RATE BIAS
Figure 8. 5D-9. Rate Measurement Process
Figure 8.5D-10 shows the waveforms of the integrator and filter
input signals when the rate error is zero. Note that the fundamental
ripple frequency is equal to the rate sampling frequency. The peak
ripple voltage is defined by
p = (T - d) (12)
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Figure 8. 5D-10. Integrator Input and Ripple Voltage
Since d/T is the rate pulse duty cycle and T l Ts/n, Equation (iZ) may
be rewritten as
kAp - (13)
n
where
T d
s d
k =ZT- ( T - )
The factor k is referred to as the ripple amplitude factor.
The ripple amplitude factor variess s a function of the rate
pulse duty cycle. Figure 8.5D-11 indicates that this variation is
symmetrical about the duty cycle value of 50 percent and the ripple
amplitude factor has its maximum value at that point. For better
resolution of the rate signal, a pulse duty cycle larger than 50 per-
cent should be used. For example, when A = 10 volts, d/T is 0.8
and n = 500 ppr, the peak ripple voltage is 20 mV, while the bias
signal for the spin rate of 0.5 radian (4.8 rpm) is 8 volts. Thus, the
20 mV ripple corresponds to a maximum antenna rate variation of
about 0. 0012 rad/s (0.07 deg/s). If a 20 percent duty cycle is chosen,
the peak ripple voltage is still 20 mV. But the spin rate bias is now
only 2 volts and consequently the 20 mV ripple corresponds to a maxi-
mum rate variation of about 0. 0049 rad/s (0.28 deg/s).
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Figure 8. 5D-11l. Ripple Amplitude Factor Versus Rate Pulse Duty Cycle
4.2 Filter Design
The filter has to be designed in such a way that it sufficiently
attenuates the lowest frequency component of the ripple voltage, but
on the other hand, does not reduce the required rate loop bandwidth.
As mentioned earlier, the lowest ripple frequency is equal to the rate
sampling frequency. The required rate loop bandwidth is determined
by the system response to friction torque fluctuations. In order to
best satisfy these two counteractive performance requirements, the
filter should be a low-pass filter with a sharp cutoff characteristic.
A filter with such properties is the Chebyshev filter.
The magnitude of the Chebyshev filter is given by
IF(j p )I = 1 (14)
1 + ECn (p
where E is a scale factor which determines the amount of ripple in
the filter magnitude and Cn is a polynominal of w . The frequency 0
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is normalized by the filter cutoff frequency wc. Choosing a four-pole
filter (n = 4) and a 1 dB magnitude ripple, we get E = 0. 26 and
4 2C 4 = 8 - 8 w +1 (15)4 p p
The filter pole locations are determined from
C 4 (p/j) = (8 p4 + 8p2 + 1)2 = -1/e (16)
Retaining only the poles in the left-half plane, the filter becomes
0.245 (17)
(p + 0.278 p + 0. 987)(p + 0.670 p + 0.278)
The magnitude of F(jw ) for 0 < p < I varies between i and i/V1TT
or 0 and -i dB.
The cutoff frequency for the filter given by Equation (17) is
I rad/s. The filter expression for a different cutoff frequency is
20 obtained by substituting p = s/wc .
Figure 8.5D-12 presents the filter
0 attenuation curve for w = 100 rad/s.
c
S=100 RAD/S Since the nominal spacecraft spin
-20 rate is 0.5 rad/s, the lowest ripple
0 frequency in rad/s is equal to one-
-40 half the number of rate pulses per
revolution. For a ripple attenua-
-60 tion of 20 dB, at least 300 ppr are
required.
-80 -If the filter cutoff frequency
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0' 400 800 1200 600 2000 given ripple frequency will decrease
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20 4 6 0 1 proportionately. This may be com-
RIPPLE FREQUENCY (RAD/S) pensated for by increasing the rate
Figure 8.5D-12. Ripple Attenuation by Chebyshev Filter sampling frequency. For example,
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using a filter cutoff frequency of Z00 rad/s will require at least 6 00 ppr
for a 20 dB attenuation of the fundamental ripple frequency.
4.3 Rate Loop Stability
Except for the generation of the rate pulses, the analog rate loop
is basically a continuous system. In the following stability analysis,
TD the rate loop is modeled as a
RAT E 4 K,-- +' + a linear, continuous system, as
BIAS m shown in Figure 8. 5D-13. The
first task is to determine what
type of compensation C(s), if
any, is needed to stabilize the
Figure 8. 5D-13. Linear Model of Analog Rate Loop control loop.
The stability of the uncompensated rate loop is described by the
root locus plot in Figure 8.5D-14. Note that a lightly damped pole
from the Chebyshev filter dominates the rate loop response. The
second complex pole moves towards the right-half plane with increas-
ing loop gain. It is clear that compensation is needed for the highly
oscillatory pole. The compensation design approach is to effectively
cancel this pole and instead introduce two poles on the real axis.
A bridged-T network, as illustrated in Figure 8. 5D-15, provides
the type of transfer function required for the compensation filter.
With the assumption of zero input source impedance and infinite output
load impedance, the transfer function of the bridged-T network can be
expressed as
2 2
E 2 (s) s + 26 z s + Wn
E( = 2 2  (18)1 s + 26 W S + W
pn n
where
S= i
n
R 1 + 26 2
5 = z
p 26
z
6 2
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Figure 8.5D-14. Root Locus of Analog Rate Loop
C2  Thus, selecting the zeros of the transfer
function automatically fixes the pole loca-
R R
tions.
E C E2
-
For the design under consideration,
let the compensation zeros be located at
Figure 8. 5D-15. Bridged-T Network -15. 3 ±j98 which is slightly to the left of
the undesirable complex poles of the Chebyshev filter (see Figure 8.5D-14).
The resulting compensation filter is given by
s + 30.6 s + 9840
C(s) = (s + 14.9)(s + 659)19)
Note that the two compensation poles are located on the real axis.
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The open-loop transfer function of the rate loop is given by
K C(s) F(s)G(s) = s
(20)
2.45 x 107 K
0
s(s + 14.9)(s + 659)(s 2 + 67 s + 2780)
In the approximate expression for G(s), it has been assumed that the
compensation zeros exactly cancel two of the Chebyshev poles. Figure
8. 5D-14 shows the root locus plot of this transfer functions.
The compensated rate loop is stable for a gain as high as
40 rad/s. Choosing a loop gain of 10 rad/s assures a minimum damp-
ing ratio of 0.5 for the critical closed-loop poles. The gain stability
margin is 12 dB. Thus, the analog rate loop has been satisfactorily
stabilized, but the question remains whether this rate loop can ade-
quately handle the expected disturbance torques.
4.4 Effect of Disturbance Torque
The antenna pointing error due to a sinusoidal disturbance torque
is given by
I _(I M (2la(j )l i + Gj) (2 )
a
where G(jw) is the open-loop transfer function of the rate loop.
Assuming that the disturbance torque varies at the spacecraft spin
rate (0.5 rad/s) and has an amplitude of 72.01 g.cm (1 in.-oz),
Figure 8.5D-16 gives the resulting antenna pointing error as a func-
tion of the rate loop gain.
For the selected rate loop gain of 10 rad/s, the antenna pointing
error is about 0.00010 rad/g'cm (0.4 deg/in.-oz). If the maximum
friction torque variation is 144.02 g.cm (2 in. -oz), then the rate loop
gain has to be at least 12 rad/s in order to satisfy the antenna pointing
requirement. It was pointed out earlier that the nominal operating
gain may be increased without reducing the stability margins if the
cutoff frequency of the Chebyshev filter is increased. However, a
penalty is paid in terms of a higher ripple voltage.
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Figure 8.5D-16. Antenna Pointing Error Due to Sinusoidal Disturbance
5. DESPIN CONTROL SYSTEM WITH DIGITAL RATE LOOP
Figure 8.5D-17 shows a linear model of the despin control sys-
tem with a digital rate loop. Antenna position is sampled once per
spacecraft revolution. The analog compensation consists of a
proportional-plus-integral control circuit and the rate loop has been
described previously. This section considers the position loop sta-
bility and identifies several parameters which affect the transient
system response. Finally, the effects of an additional rate feedback
path (as an input to the proportional-plus-integral control circuit) are
investigated.
5. 1 Position Loop Stability
For the purpose of this stability analysis, the rate loop is
treated as a continuous system. Thus, the rate loop transfer func-
tion can be expressed as
K /I
R(s) = ma (22)
s(s + K (22)
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Figure 8. 5D-17. Linear Model of Despin Control System With Digital Rate Loop
The total open-loop transfer function is given by
KK
KGKam z- s + c (23)G(z) = - 3
a s (s + K )
Expanding the partial fractions, we get
K i  K Z  K Ks+c 1  3 + 4
3 s+K 3 2 s
s (s + Ko)  o s s
where
K = (K - c)/K.
K = c/K0
K = KoK I
K = -K i
Taking the z-transform of the expanded terms, yields the results
[ - K z T(Z + i) K 3T z K4 z
s+c 1 2 s 3 s 4
z(z ++ (25)
3 z-b )3 ( 2 z-1S(s + Ko ) 2 (z - z - 1)
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where
-K Tb = e o sb=e os
After combining all terms over a common demoninator, the
final expression for the open-loop transfer function becomes
G(z) = K(z + a. + ao)
(z - I) 2 (z - b)
where
m o = ZKoK ( -b)- cT s b + 2K 2Ki Tb
mi = 4K K ( - b) + cTZ (i - b) - K KT s (1 + b)
m = 2K K (i - b)+ cT s + 2K 2K T2 + Ko is
a = mo/m2
a = mi/m 2
K = K K m /21 K
am 2 ao
The expression for the root locus gain (K) can be simplified by making
the following assumptions: K >> c and b a 0.
K cT
o
K + Ts (27)
Equation (27) indicates how the root locus gain varies as a function of
the position sampling period or spacecraft spin period. Recall, how-
ever, that the rate measurement gain K is also directly proportional
to the square of the spin period.
A typical root locus plot of the position loop is presented in
Figure 8.5D- 18. For this plot the integrator gain (c) is 0.02 rad/s,
the rate loop gain (K ) is 10 rad/s and the position sampling period
(Ts) is 12.5 seconds. Choosing K = 0.6 as the nominal operating point
provides a gain stability margin of 11. 7 dB and a damping ratio of
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0.65 for the critical closed-loop poles. If the rate loop gain is
increased, the system response becomes slightly more damped. When
K = 25 rad/s (512 ppr), the damping ratio of the critical poles is
0.70.
RATE LOOP GAIN: Ko = 10 RAD/S
INTEGRATOR GAIN: c = 0.02 RAD/S
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J 1.0
/
K =0.6
/K =2.3
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Figure 8. 5D-18. Root Locus of Position Loop with Digital Rate Feedback
5.2 Transient Response of Position Loop
The transient response of the position loop is characterized by
the damping ratio of the dominant complex pole of the system. It has
already been pointed out that variations of the rate loop gain slightly
affect the transient response of the position loop. Two other parame-
ters, which need to be considered in this respect, are the integrator
gain and the spacecraft spin speed.
First, let us review how the damping ratio is related to a
complex root in the z-plane. In the s-plane the damping ratio can be
expressed as ( = sinp where P is the angle between the imaginary axis
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and a line drawn from the origin to the location of the complex root.
This angle p is related to the real (z r) and imaginary (zi) parts of a
z-plane root as follows
- log ztan =z (28)
tan (zi/z r)
where
2 2
r i
The z-plane locus for a constant damping ratio is a logarithmic spiral
except when p = 0 radian or p = 1.57 radian (90 degrees).
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Figure 8. 5D-19. Damping of Critical Closed-Loop Poles Versus Integrator Gain
Figure 8.5D-19 illustrates the effect of the integrator gain on
the system's transient response. The damping ratio of the critical
closed-loop poles is plotted as a function of the integrator gain.
While the integrator gain is varied, the root locus gain is held con-
stant at K = 0.6. The transient response of the position loop becomes
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more and more oscillatory and eventually goes unstable as the inte-
grator gain is increased. For the selected' value (0.02 rad/s) of the
integrator gain, the damping ratio is 0.65.
Integral control is needed to counteract any constant disturbance
in the control loop. It is desirable to use the highest acceptable value
of the integrator gain because it improves the system's transient
response to sudden shifts in disturbance levels, such as friction step
changes in the ball bearing assembly. However, Figure 8.5D-19
indicates that the integrator gain may not be increased arbitrarily
because it strongly affects the control loop response. This aspect of
control system performance should be further evaluated by means of
a simulation.
Spacecraft spin speed variations primarily affect the root locus
gain and to a lesser extent, the shape of the root locus plot. Equation
(27) describes the dependence of the root locus gain on the spacecraft
spin period. Taking into account that the rate measurement gain (K )
is proportional to the square of the spin period (see Equation (6)), the
root locus gain is almost directly proportional to the spacecraft spin
speed. Figure 8.5D-20 shows that the damping ratio of the critical
closed-loop poles also varies almost linearly with spin speed. For the
spin speed range of 0.42 to 0.63 rad/s (4 to 6 rpm) the lowest damping
ratio is about 0.5.
5.3 Two Rate Feedback Paths
An interesting modification of the basic control loop as shown in
Figure 8.5D-17 has been made in the despin control system for the
Helios spacecraft. Two rate feedback paths are used; they enter the
forward path before and after the proportional-plus-integral control
circuit. Figure 8.5D-21 locates the additional rate feedback path.
The output to input transfer function of this modified rate loop is
given by
(KcK /I )(s + c)
R(s) = (29)
s [s + (a + b)s + bc]
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where
a = K K /
am a
b = KKcK /I
m a
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Figure 8. 5D-20. Damping of Critical Closed-Loop Poles Versus Spin Speed
Figure 8.5D-21. Modified Rate Loop
If the control gains are chosen such that b>>a>>c, one can make the
following approximation.
s + (a +b) s +bc (s + a + b)(s + c) (30)
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The rate loop transfer function can now be approximated by
K K /I
R(s) c m a (31)
Note that the zero due to the integral control circuit has been
effectively cancelled. This is a significant result because it removes
the destabilizing effect of the integrator gain from the position loop
response. Previously, stability considerations dictated the maximum
acceptable value of the integrator gain. With the modified rate loop,
it is possible to use a higher integrator gain which improves the con-
vergence characteristics of the control system.
The open-loop transfer function of the position loop has the form
KKK /
G(z) a= cm z I (32)
a '2(s + b)]
Expanding by partial fractions, we get
1 i(b i (33)
s (s + b) b s
Taking the z-transform of the expanded terms yields the result
2 2 +- 7--1 (34)
sZ(s + b)] b2 z- ) 2  z - i
where
-bT
h= e s
After combining all terms over a common denominator and sim-
plifying, the final expression becomes
G(z) K z + (35)(z - h)(z - i)
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where
KKK
K = a cm (bT - i + h)
Ib 2
a
1 - bhT - h
s
g = bT -i+h
The parameter b represents the loop gain of the outer rate loop. Using
b = 10 rad/s and Ts = 12.5 seconds, we get
G(z) K z + 0.008 (36)z(z- 1)
where
KT
K as
Figure 8.5D-22 shows a typical root locus plot of the position
loop with the two rate feedback paths. The system goes unstable for
K > 2. 0. However, the system's transient response is well damped
over this entire gain range. Since the root locus gain is directly pro-
portional to the spacecraft spin speed, this allows stable operation over
a wide spin speed range, especially at low spin speeds.
It is easily shown that the antenna pointing error due to a sinu-
soidal disturbance torque is approximately given by
M 1
al+(w) = 2 (37)
a [i + (b/w)2 [1 + (c/W)2
This expression is valid for frequencies equal to or larger than the
position sampling frequency. Unless the integrator gain (c) is as
large as the excitation frequency, the pointing error is similar to that
shown in Figure 8.5D-6. In Equation (37) b is the effective rate loop
gain.
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Figure 8. 5D-22. Root Locus of Position Loop with Two Rate Feedback Paths
6. DESPIN CONTROL SYSTEM WITH ANALOG RATE LOOP
Figure 8.5D-23 shows a linear model of the despin control sys-
tem with an analog rate loop. The rate loop design is discussed in
Section 4. This section examines the position loop stability and briefly
considers the transient response of the system.
6. 1 Position Loop Stability
The closed-loop transfer function of the rate loop can be approxi-
mated by
m s + a
R(s) = (38)
a s (s + b is + b )
where a = 14.9 from the compensation filter and the complex pole
depends on the selected root locus gain. (For K = 10 in Figure 8.5D-14,
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Figure 8. 5D 23. Linear Model of Despin Control System with Analog Rate Loop
b = 11i. and b = 130). The total open-loop transfer function of the
despin control system is given by
KK (
z)= m (s + a)(s + c)G(z) = I z 3 2 (39)
a (s +b s + b°
Expanding by partial fraction, we get
(s + a)(s + c) 1 K K3 K4 + K5 s
3 2 -T -T 2 (4)S(s +b s+b ) s s s +b s+b
where
K = ac/b 0  K 4 =-K - b K
K2 = (a+ c- b i K )/b K5 = -K 3
K 3 = (1 - K 
- bi K )/b
In order to simplify the notation, let
T = T s  e = exp (-caT) cos wT
a = b1/2 f = exp (-2aT)
2 2
W = b -a
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With this notation, the z-transform of Equation (40) is given by
(s +a)(s +) A z (z + i) A 2 z A3 z
(s + b s + b ) (z -)3 (z - 1 -
(42)
A 4 z + A 5 z (z - e)
+
z -2ez+f
where
A = K T2/2 A4 = (K 4 /w - a K 5 /w exp (-aT) sin wT
A2 = K2T A5 = K5
3 = K 3
After combining all terms over a common denominator, the
final expression for the open-loop transfer function becomes
3 2
z + aZ + az + a
G(z) = K 2 2(43)
(z-i) (z - Zez + f)
where
mo = (A i + A 2 + A 3 ) f + A 4 + e A 5
m i = (f - 2e) A 1 + (f + 2e) A 2 - 2 (f + e) A 3 + 3A 4 - )i + 3 e) A5
m 2 = (i - Ze) A i - (I + 2e) A 2 + (I + + 4e) A 3 - 3A 4 + 3 (i + 3) A 5
m 3 = A + A 2 - 2 (1 + e) A 3 + A4 - (3+e) A5
a = mo/m 3o o3
aI = mi/m 3
a2 = m2/m 3
K = K. Km3/a
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A typical root locus plot of the position loop is presented in
Figure 8.5D-24. For this plot the integrator gain (c) is 0.02 rad/s,
the rate loop gain (K ) is 10 rad/s and the position sampling period
(Ts) is 12.5 seconds. Since the exponential terms are very small,
the open-loop transfer function reduces to the form shown in Figure
8.5D-24. Choosing K = 0.6 as the nominal operating point provides
a gain stability margin of 11.7 dB and a damping ratio of 0.74 for the
critical closed-loop poles. These stability characteristics are very
similar to those of the position loop with a digital rate loop. Appar-
ently the two different rate loop designs have relatively little effect
on the total system stability.
RATE LOOP GAIN: K = 10 RAD/S
INTEGRATOR GAIN: C = 0.02 RAD/S
Im Z
K =2.3
-1.o 1.0 Re Z
-J 1.0
-1.00
OPEN-LOOP TRANSFER FUNCTION: G(z) = K (z + 0.002) (z - 0.78)
z (z - 1)
Figure 8. 5D-24. Root Locus of Position Loop with Analog Rate Feedback
6.2 Transient Response of Position Loop
Figure 8.5D-25 describes the effect of the integrator gain on
the system's transient response. As the integrator is increased, the
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response becomes more and more oscillatory and eventually goes
unstable. This result is very similar to that shown in Figure 8.5D-19
for the despin control system with the digital rate loop.
I I I I I
ROOT LOCUS GAIN OF ANALOG RATE LOOP: Ko = 10 RAD/S
ROOT LOCUS GAIN OF POSITION LOOP: K =0.6
1.0
2 0.8
U
0 0.6
o
z
0.4
O NOMINAL
VALUE
0.2
0 0.02 0.04 0.06 0.08 0.10 0.12 0.14 0.16
INTEGRATOR GAIN (RAD/S)
Figure 8. 5D-25. Damping of Critical Closed-Loop Poles Versus Integrator Gain
Two rate feedback paths as illustrated by Figure 8. 5D-21 may
be used to improve the position loop's stability for higher integrator
gains. The analysis of such a system is complicated by the filters in
the analog rate loop. Assuming that the ripple voltage causes no prob-
lems, the effect of the two feedback paths in the analog rate loop is
expected to be similar to that previously discussed for the digital rate
loop. The major benefit of this design approach is less sensitivity of
the system to integrator gain variations. By increasing the integrator
gain, the control system response to disturbances, such as bearing
friction, will be improved.
7. CONCLUSIONS AND RECOMMENDATIONS
The following two characteristics of the proposed Pioneer Venus
orbiter strongly affect the despin control system design for the high
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gain antenna: I) the low sampling frequency of the antenna position
error (once every 12.5 seconds) and 2) the extremely low antenna spin
inertia [0.24 kg'm 2 (0. 177 slug-ft 2 )]. In order to meet the antenna
pointing requirement of 0. 013 radian (*0. 75 degree) in the presence of
the worst expected disturbances, it is essential that error information
is available more frequently than once per spacecraft revolution. This
is done by introducing a rate feedback loop with a relatively high sam-
pling frequency.
Two implementations of the rate loop have been considered. The
basic difference of these two rate loop designs lies in the processing of
the rate pulses; one employs a digital tachometer while the other one
uses only analog circuitry. The analog rate loop is easier to imple-
ment but it has less design flexibility than the digital rate loop. Assum-
ing that the ripple voltage from the analog process is adequately
filtered out, the performance characteristics of the two different rate
loops are quite similar. For either case the recommended number of
rate pulses per spacecraft revolution is 512.
It has been shown that the transient response of the despin con-
trol system is highly sensitive to variations of the integrator gain in
the proportional-plus-integral control circuit. If it becomes necessary
to increase the integrator gain for better system convergence, a
second rate feedback path may be used to assure stable operation.
With two rate feedback paths (as illustrated by Figure 8.5D-21) the con-
trol system response is well damped for relatively high integrator gains.
Past experience indicates that one of the major disturbances of
the antenna despin system will be the friction in the bearing assembly.
The response to sinusoidal friction fluctuations has been briefly ana-
lyzed and found to be satisfactory. However, a further study is needed
to evaluate the system response to bearing noise and step changes in
the friction level. This is most easily done by means of a simulation.
There are two important nonlinear effects of the despin control
system which also need to be investigated. The output of the
proportional-plus-integral control circuit has to be voltage limited and
the motor torque becomes saturated for large error signals. The linear
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analysis determines the nominal loop gain necessary for stable opera-
tion. However, the nonlinear effects (i.e., hardware considerations)
dictate how this total loop gain has to be distributed throughout the con-
trol loop for satisfactory system performance.
The performance analysis in this report assumes the use of the
Helios despin mechanical assembly for driving the Pioneer Venus
antenna. Thus, the disturbance model is based on test data of the
Helios despin mechanical assembly. For equivalent or even slightly
more severe disturbances, the proposed despin control system is capa-
ble of pointing the high-gain antenna of the Pioneer Venus orbiter at
the earth with the required accuracy.
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ATTACHMENT A
This attachment presents the derivation of Equation (ii) which
is the steady-state antenna pointing error due to a sinusoidal distur-
bance torque. It is assumed that the excitation frequency is equal to
the spacecraft spin rate and consequently, the rate loop has to control
this disturbance. Using the linear model of the digital rate loop as
shown in Figure 8.5D-3, the antenna pointing error can be expressed
as
a(z) = z + i (A-i)
i + K z-+ i
where K is the root-locus gain of the rate loop.
Let T d = M sin wt or
MW (A- 2)Td (s) =  Z
s +b
The z-transform of the numerator in Equation (A-i) becomes
<s>/1. ] MWITd (s )/(a 2 ) = 2 + 2
(A-3)
M =Tz z sin wT
a ( W(z - z cos wT + i)
where T = T which is the rate sampling period. After substituting
r
Equation (A-3) into (A-i) and simplifying, we get
a(z) = 2 2__ _ _z2I W (z-i) [z - (i-K)z + K]
a
(A-4)
z 2(z- i) sin wT
(z2 - Zz cos wT + i)[z z - (i-K) z + K
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The inverse z-transform of a(z) represents the antenna pointing error
at the sampling instants.
Expanding Equation (A-4) by partial fractions yields the result
M 2 [ 2 + k3 z (k4 + k 6 )+ (k 5 + k 7 ) z]a(z)= -- - 2 +
I 0 z - 2z cos wT + i z - (i-K) z + K
a
(A-5)
For the steady-state solution only the constants ki, k 2 and k 3 need to
be determined since the third expression in Equation (A-5) introduces
exponentially decaying terms. The first constant is given by
k T z T (A-6)k 2 ZK
z - (I-K) z + K = 1 (A-6)
The constants k2 and k 3 can be determined from
-z (z-i) sin wT
(z 2 - Zz cos wT + 1) [z 2 - (i-K)z + KI
(A-7)
kZ + k 3 z k 4 + k5 z
2 2+ 3
z - Zz cos wT + i z - (i-K)z + K
Equating coefficients yields the following four equations.
k 3 + k 5 = - sin wT
k 2 - (i-K)k3 + k 4 - 2k 5 cos wT = sin wT
(A-8)
- (i-K.)k 2 + k 3 K - 2k 4 cos wT + k5 = 0
k2K + k 4 = 0
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By solving Equations (A-9) for k2 and k 3 we get
ad + b
k2 2 sin wTa + bc
(A-9)
cd - a sin
3 2a + bc
where
a = i-K
b = K-i + 2 cos wT
c = K-i + ZK cos wT
d = I - 2 cos oT
If it is valid to use the small angle approximations sin WoT - wT and
cos wT r I, Equations (A-9) reduce to
k = - sin wT
(A-I0)
-ik= - sin wT
The steady-state solution of the antenna pointing error from
Equation (A-5) is given by
k k
a(kT) = k + sin T sin [w(k-i)T] + sin T sin wkT (A-11)
a
where k is an integer. This solution is only valid at the sampling
instants. By using the small angle approximations for k 2 and k 3,
this expression reduces to
M
a(kT) =I IK (i - cos wkT) (A-12)
a o
where K° = 2K/T which is the total rate loop gain.
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DIGITAL RATE LOOP SIMULATION
LIST
10 REM DIGITAL RATE LOOP SIMULATION
100 PRINT "TIME(SEC)""RATE(DEG/SEC ) " sp"P O S I TI O N (DEG)"
105 1=*177
110 K=9;6*I
115 N=10lS=200
120 R=125/S
130 D=R/N
135 X=O0Y=O*F=O
140 Q=57.3
145 T=O
150 A=1/192
160 W=OM=O
200 FOR P=1 TO 1/R
205 E=-K*W
215 X2=X
220 GOSUB 500 S*4foj/A(
230 W=(X-X2)/R ooP
245 NEXT P
250 PRINT To Q*Y, Q*X
300 GO TO 200
500 FOR C=1 TO N+.5 W
505 T=T+D
510 X1i=XY1u=YFlF ,,-1-,,dFAA
515 M=A*SIN(T/2)
517 F=(E+M)/I
520 Y=Y1+(F+FI)*D/2
530 X=XI+Y1*D+(F+FI)*Dt2/4
550 NEXT C
600 RETURN
S RUN
TIME(SEC) RATE(DE6/SEC) POSITIONC(DEG)
1 .8142739E-01 .39675269E-01
2 .14611106E+00 1 5572639E00
3 .1750211E+00 ;31965296E+00
4 .16107987E+00 .49131997E+00
5 '10770067E+00 "62869737E+00
6 .27952591E-01 .69815038E+00
7 - 58639258E-01 .68267446E+00
8 - . 13087417E+00 058605868E+00
9 -;17106652E+00 .43195794E+00
10 - 16937583E+00 *25810148E+00
11
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APPENDIX 8.6A
PREFERRED SOLID PROPELLANT MOTOR FOR ORBIT
INSERTION, ATLAS/CENTAUR
1. MAJOR COMPONENTS
The design of the preferred Aerojet SVM-2 solid propellant orbit
insertion motor is shown in Figure 8.6A-i. Major components include
the safe and arm device, igniter assembly, propellant grain, motor case,
and nozzle assembly. A weather seal is used in the nozzle to protect the
grain from humidity. Aluminum electrical grounding straps, connecting
the forward boss and the safe and arm device to the mounting skirt, are
bonded to the glass filament-wound motor case.
43.9 CM "1
(17.30 IN.)
57.2CM 38.2CM
(22.25 IN.) I 38 .2CM
SAFE, AND ARM DEVICE
AND IGNITER
89.0 CM
(35.10 IN.)
Figure 8.6A-1. Intelsat III Motor for Atlas/Centaur Requires Off-Loading
of 7.2 kg (15. 8 Ib) of Propellant (4. 5%)
1. i Safe and Arm Device
The Aerojet SVM-2 comes equipped with the Bulova KR80000 safe
and arm device described in Appendix 8.6B.
1.2 Igniter Assembly
The igniter, manufactured at Aerojet General Corporation,
Sacramento, consists of a primary charge and a main charge contained
in a 181 glass cloth/Epon 851 epoxy-resin pressure vessel with blowout
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ports. The 8-gram primary charge of 2A boron potassium nitrate (BPN)
pellets is contained in a cavity between the 7075-T6 aluminum adapter and
the glass chamber and in line with the safe and arm squibs.
The 136-gram main charge of 2L BPN pellets is contained in an
annulus formed by the ineer-wire flame screen and the ID of the glass
chamber. A perforated disk at the forward end of the chamber retains
the pellets.
Ignition firing current is received by two ES-003 squibs installed
in a KR80000-09 safe and arm device. The output from one ES-003 squib
is sufficient to ignite the BPN booster charge under hard vacuum conditions.
The BPN booster charge output exhausts into the 210-gram 2L-size
BPN pellet main charge.
1. 3 Propellant
The propellant is an 88 percent total solid (which includes 15 per-
cent aluminum), carboxy terminated, polybutadiene formulation. The
grain configuration has eight fins in the forward end and a cylinder in the
aft and is designed for a ±10 percent maximum propellant loading
variation.
The propellant grain is cast with a small bore diameter and
machined to the final diameter. Balance trim is then made from the for-
ward and aft sections of the grain and will amount to no more than 0. 34 kg
(0.75 lb) forward and 0.57 kg (1.25 lb) aft.
1.4 Chamber Assembly
The SVM-2 chamber assembly is an epoxy-impregnated, glass
filament-wound case with two integral 7075-T73 aluminum bosses for
igniter and nozzle installation. A cylindrical attachment skirt (with a
thrust ring for attachment to the spacecraft) is integrally wrapped with
epoxy-impregnated glass filament on the external cylindrical section of
the chamber. The chamber is hydrostatically proof-tested to 3.68
x 10 N/m 2 (534 psig) [1.05 times the SVM-2 maximum expected opera-
tions pressure (MEOP)], and is designed for a minimum ultimate burst
pressure of 5.07 x 106 N/m2 (735 psig) or 1.45 times the SVM-2 MEOP
of 3.51 x 10 N/m 2 (509 psig). The cylindrical section of the chamber
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wall is 0.13 cm (0.051 in.) thick. The chamber is internally insulated
with a silica-filled Buna-N rubber material. The die-molded insulator is
0. 15 cm (0. 060 in.) thick in the cylindrical chamber section; the thick-
ness increases to 0.51 cm (0.200 in.) in the forward end and to 0.94 cm
(0. 370 in.) in the aft end to withstand the longer exposure to flame during
firing.
1.5 Insulation
The internal chamber insulation is compression-molded from
Gen-Gard V-45. The two-piece insulation system is joined by applying
a dispersion of MEK/Gen-Gard V-45 to the 6.35 cm (2.5 in.) overlap
area of the forward and aft insulators. The joined surfaces are cured
with the chamber. The minimum thickness of the insulator at the aft
tangent area is 0. 15 cm (0.06 in.).
1.6 Nozzle Assembly
The partially submerged nozzle has a contoured exit cone with 
a
28:1 expansion ratio. The complete nozzle assembly consists of six major
components: entrance cap, throat insert, throat insulator, nozzle shell,
nozzle shell insulator, and exit cone. A polyurethane-foam seal is
attached to the exit cone.
The entrance cap is made of a composite wrap of laminates of
carbon-cloth-reinforced phenolic resin, and the submerged portion of the
nozzle shell is insulated with molded V-44 rubber.
The throat insert is machined from silver-infiltrated tungsten to
minimize erosion and is retained by a throat insulator made of com-
pression-molded phenolic resin reinforced by carbon cloth.
The nozzle shell is machined from 606 1-T6 aluminum and an
integral flange with bolt holes to provide attachments to the chamber.
The exit cone is fabricated of parallel-wrapped layers of silica-phenolic
resin and attached to the shell with layers of glass cloth impregnated
with Epon 815 adhesive.
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2. PERFORMANCE AND OPERATION
The performance and operational capabilities of the SVM-2 motor
are based on 20 static firings and five flights on Intelsat III. The on-
loaded performance and operational parameters are shown in Table 8A-1.
Table 8. 6A-1. On-Loaded SVM-2 Performance
and Operational Parameters
PERFORMANCE
TOTAL IMPULSE, NOMINAL [N S (LB-S)] 405 368 (91 137)
TOTAL IMPULSE REPRODUCIBILITY 3o < 1 PERCENT
TOTAL DURATION (SECONDS) 23
THRUST LEVEL [N (LBF)]
NOMINAL 14 990 (3370)
MAXIMUt 21 528 (4 40)
MEOP-[N/M (PSIA)] 3.54 x 10 (514)
SPECIFIC IMPULSE (SECONDS) 283.6
IGNITION DELAY TIME (SECONDS) <0.100
SERVICE LIMITS
OPERATING TEMPERATURE [oC (F)] -4 TO +43 (+20 TO +110)
STORAGE TEMPERATURE [oC (OF)] -13 TO +60 (+10 TO +140)
IMPOSED AXIAL ACCELERATION (G) 14
IMPOSED LATERAL ACCELERATION (G) 2
HUMIDITY (PERCENT) 98 AT 490 C (+1200 F)
TEMPERATURE CYCLING LIMITS [oC e(F) -4 TO +43 (+20 TO +110)
SPIN RATE [RAD/S (RPM)] 0 TO 11.4 (90 TO 110)
WEIGHT
LOADED WEIGHT [KG (LB)] 166.2 (366.1) (WITH SAFE AND ARM)
PROPELLANT WEIGHT [KG (LB)J 145.9 (321.4)
THRUST PARALLELISM, MAX [CM/CM (IN./IN.)] <0.006 (<0.0025)
OFFSET [CM (IN.)] 0.050 (<0.020)
STORAGE LIFE RELIABILITY (YEARS) >0.98
STORAGE LIFE RELIABILITY (YEARS) >3
3. POWER REQUIREMENTS
The only electrical power required for the orbit insertion motor is
4.4 0. 1 amp, 24 ± 5 VDC to fire the motor for orbit insertion.
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APPENDIX 8.6B
PREFERRED SOLID PROPELLANT MOTOR FOR ORBIT
INSERTION, THOR/DELTA
1. MAJOR COMPONENTS
The design of the preferred Hercules BE-3-A solid propellant orbit
insertion motor is shown in Figure 8.6B-1. Major components include
the safe and arm device, igniter assembly, propellant grain, motor case,
and nozzle assembly. A weather seal is used in the nozzle to protect the
grain from humidity. Aluminum electrical grounding straps connect 
the
forward adapter and the safe and arm device to the mounting skirt and are
bonded to the glass filament-wound motor case. The major components
are described below.
S46.35
IGNITER ASSEMBLY
- 82.8 CM
Figure 86B-1. Vela Motor for ThorlDelta Orbiter Requires Off-Loading of 3.6 kg(7.9 Ib) of Propellant (4. 1%)
i. 1 Safe and Arm Device
The Hercules BE-3-A motor requires addition of a safe and arm
device to satisfy range safety requirements that have been implemented
since the motor was last flown.
The KR80000-09 safe and arm device (Figure 8. 6B-2), with two
integral ES-003 squibs, is a proven, available unit that is fully qualified
to Specification S-133-1001-1-5, MAU-904 (Minuteman) Guided Missile
Safety-and-Arming device. In operation, the two ES-003 squibs contained
in the KR-80000 are rotated out of alignment with the mechanical barrier
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SAFE COMMON
SAFE INDICATES
MOTOR ARM
MOTOR COMMON
MOTOR SAFE
ARM INDICATION
ARM INDICATION
FIRE SQUIB NO. 1
SQUIB
q)SQUIB COM 39
SQUIB
FIRE 39
SQUIB NO. 2 (C
® ACTIVATES AT 0.09 RAD (5 DEG)
® ACTIVATES AT 0.96 RAD (55 DEG)
) ACTIVATES AT 2.01 RAD (115 DEG)
Figure 8. 68-2. Standardized Ignition Safe and Arm
when the device is in the safe position. In the armed condition, the squibs
are aligned with the barrier ports of the device and with mating barrier
ports on the booster charge. A mechanical safing pin prevents movement
of the device from the safe to the armed position. If the arming circuit
is energized, the safing pin cannot be removed. Also, when the device
is in the armed condition, insertion of the pin returns the unit to a safe
condition. Mechanical and electrical safing is possible. Both visual and
remote electrical indication of device condition is provided. The KR-
80000-09 safe and arm device meets the ordnance and safety requirements
of AEFTRM 127-1, AFM 127-1000.
Pertinent data are listed below.
* Power requirements: 3.5 amp minimum, all fire
5.0 amp recommended
Voltage source: 18 to 30 VDC
* The safe and arm contains two ES-003 squibs. The squib relia-
bility is 0.995 at 95 percent confidence
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* The safe and arm has two connections:
- Squib firing circuit connector, four-pin, Amphenol
200X-23-275(112)
- Arming and monitoring circuit connector, seven-pin,
NAS 1643PR14T7SN
* The safe and arm meets AFETRMI27-1 requirements except for
the I amp, I watt, 5-minute no-fire requirement.
1.2 Igniter Assembly
The igniter has two S- 1A2 squibs surrounded by crushed and whole
BKN pellets. The squibs and pellets are encased in a perforated, filament-
wound basket and a phenolic base plate, which is attached to a phenolic
igniter shaft extending through the cellulose acetate grain inhibitor. The
igniter shaft protrudes from the forward end of the motor with ignition
wires extending 6 inches from the end of the igniter shaft and terminating
in an electrical connector. The ignition wires are enclosed in a stainless
steel wiring harness which is bonded inside the igniter shaft. A glass
seal in the wiring harness prevents chamber pressure from escaping out
the forward end of the motor.
1. 3 Propellant Grain
Propellant is Hercules DDP-80 formulation containing 21 percent
aluminum; it is bonded directly to the case insulator. This is a modified
double-base propellant. The grain is in a slotted-core configuration,
which exhibits the desirable characteristics of near-neutrality and has
rapid tail-off. No propellant slivers remain after burnout. A cellulose
acetate inhibitor is incased by the grain and supports the igniter.
1.4 Chamber Assembly and Insulation
The BE-3-A chamber is a fiberglass structure with a Buna-N rubber
insulator and aluminum pole pieces and skirts. The Buna-N insulator is
fitted onto a mandrel and the forward and aft aluminum pole pieces are
then attached to the mandrel. S901 fiberglass, wetted with Epon 828
Redundant electrical firing circuit, redundant squibs.
Indication of safe or arm position accomplished by switch deck within
safe and arm device which indicates position of mechanical barrier
between squibs and igniter booster charge.
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epoxy resin, is wound over the mandrel assembly in alternating circum-
ferential and helical layers. During the winding and curing process the
fiberglass becomes bonded to the insulator and mechanically fastened to
the pole pieces. A fiberglass skirt is also integrally wound on the
chamber to provide a means to attach the motor to its payload. After the
epoxy resin cures, an aluminum skirt is bonded in place and machined to
configuration.
The chamber is approximately 48.3 cm (19 in.) long and 46.4 cm
(18.25 in.) in diameter with a cylindrical section of 13.5 cm (5.25 in.);
it has ovaloid domes.
1.5 Nozzle Assembly
The BE-3-A nozzle is conical with a 0.28 rad (16 deg) half-angle,
and an initial expansion ratio of 18.6:1.
The nozzle has a graphite throat, a graphite cloth-phenolic aft
throat insert, a chopped fiberglass-phenolic exit cone, an external fiber-
glass epoxy reinforcement, and an aluminum retaining ring which attaches
the nozzle to the chamber. To prevent contaminants from entering the
motor grain cavity, a vented styrofoam closure is inserted into the nozzle
throat.
2. PERFORMANCE AND OPERATION
The performance and operational capabilities of the BE-3-A motor
are based on over 200 firings, 161 of which have been flights. The per-
formance and operational parameters for Pioneer Venus are shown in
Table 8.6B-i.
3. POWER REQUIREMENTS
The only electrical power required for the orbit insertion motor is
4.5 0. i1 amp, 24 - 5 VDC to fire the rocket for orbit insertion.
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Table 8. 6B-i. Off-Loaded BE-3-A Performance
and Operational Parameters
PERFORMANCE
TOTAL IMPULSE, NOMINAL [N -S (LB-S)] 224 838 (50 548)
TOTAL IMPULSE REPRODUCIBILITY (PERCENT) <0.5
TOTAL DURATION (SECONDS) 9.1
THRUST LEVEL [N (LBF)]
NOMINAL 26 243 (5900)
MAXIMUM 28 467 (6400)
MEOP [N/M" (PSIA)] 3.79 x 106 (550)
SPECIFIC IMPULSE (SECONDS) 276.0
IGNITION DELAY TIME (SECONDS) <0.1
SERVICE LIMITS
OPERATING TEMPERATURE [oC (F)] -1 TO +38 (+30 TO +100)
STORAGE TEMPERATURE [oC (oF)] -1 TO +38 (+30 TO +100)
IMPOSED AXIAL ACCELERATION (G) 40
IMPOSED LATERAL ACCELERATION (G) 5
HUMIDITY (PERCENT) 98
TEMPERATURE CYCLING LIMITS [OC eF)] -1 TO +38 (+30 TO +100)
SPIN RATE [RAD/S (RPM)] 62.4 (600)
WEIGHT
LOADED WEIGHT [KG (LB)] 93.6 (206.1)
PROPELLANT WEIGHT [KG (LB)] 83.3 (183.1)
THRUST PARALLELISM, MAX [CM/CM (IN./IN.)] <0.005 (<0.002)
OFFSET [CM (IN.)] <0.005 (<0.002)
STORAGE LIFE (YEARS) >3
RELIABILITY (DEMONSTRATED) 0.972 AT 90 PERCENT
CONFIDENCE
8. 6B-5
APPENDIX 8. 6C
CONTAMINATION BY ORBIT INSERTION MOTOR
L A/C III
APPENDIX 8.6C
CONTAMINATION BY ORBIT INSERTION MOTOR
1. ORBIT INSERTION MOTOR EXHAUST PLUME ANALYSIS
For these calculations, it was conservatively assumed that the
motor was fired in a hard vacuum. The following assumptions were used
in the plume analysis:
* Isenitropic continuum flow
* Gas exhibits a constant gamma (y) aft of nozzle exit, i.e.,
frozen flow
* Prandtl-Meyer turning angle applies
* Exhaust continues to flow in the direction indicated by maximum
Prandtl-Meyer turning angle.
The first three assumptions are standard assumptions used in plume
analyses. The last assumption may be conservative, since the plume
boundary will tend to curve away from the spacecraft due to the forward
acceleration of the. spacecraft with respect to the gas molecules in the
plume. However, when boundary layer effects are taken into account,
the plume expands to larger angles than the corresponding inviscid plume.
Exhaust products consist of solid particles, gases, and condens-
ables. Table 8.6C-i represents the theoretical ballistic properties of
ANB 3066 propellant at the nozzle exit plane. The only solid particles
generated are A i203
Table 8. 6C-1. Exhaust Products
CONSTITUENT MOLE FRACTION
HCI (G) 0.15553
CO (G) 0.22655
CO 2 (G) 0.03357
H2 (G) 0.32642
H2 0 (G) 0.10174
N 2 (G) 0.07866
P4 0 6 (G) 0.00011
Al 2 0 3 (S) 0.07740
MOLECULAR WEIGHT GAS 19.74091
MOLECULAR WEIGHT CONDENSATE 101.96098
WEIGHT FRACTION GAS 0.69768
WEIGHT FRACTION CONDENSATE 0.30232
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The characteristics of the existing contoured nozzle design and
propellant are:
Expansion ratio, A /A t  = 28
Mach number (at exit), M = 4. 0
Gamma (at exit), y = 1. 20
Exit half angle, 8E = 15. O0
The maximum turning angle of the exhaust gases was found by
evaluating the Prandtl-Meyer function for ambient conditions and existing
conditions at nozzle exit as given in Equation 1.
eMAX = VMAX - VEXIT + eE (measured from nozzle center line) (1)
The Prandtl-Meyer function is:
-= tan - i  -i (M2- i)-tan -  M2- i (2)
Evaluation of Equation 2 yields:
MAX = 3.76 rad (215.5 deg)
V EXIT = 1.71 rad (98.1 deg)
Therefore, the maximum turning angle is:
eMAX = 2.31 rad (132.4 deg)
2. EXHAUST PARTICLE IMPINGEMENT
A qualitative description of the gas-particle flow in a nozzle throat
can be obtained by considering the near-equilibrium case. Using. the
nomenclature of Table 8. 6C-2, in this case the gas properties in the throat
region can be approximated by
U /Ug* I + a (z/r*) + (y+ )+ /8)a2(r 2 /r 2 )
Vg/Ug (Ye+ i/4)a(zr/r* 2)+ [(ye+ i)/i6]s(rs/r* s)
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Table 8. 6C-2. Nomenclature for Impingement
Calculations
Nomenclature
d Particle diameterp
f Ratio C DRe/24
K Constant defining particle velocity lag
mp Particle density
R Gas constant
R* Nozzle wall radius of curvature at nozzle
throat
r Particle radius
p
r -,Nozzle throat radius
U Axial gas velocity
V Radial gas velocity
W Particle mass flowp
z Axial coordinate
y Gas adiabatic expansion coefficient
y Expansion coefficient for gas-particle system
I g Gas velocity coefficient
Subsc ripts
e Refers to equilibrium or exit conditions
Superscripts
Refers to throat conditions
where
and the nozzle throat location is given by z*/r* = [(ye+ 1)ca]/8. To
Sauer's order of approximation, it is found that
= K* + . + 1 K*
g r r g
VP_ Ye+ 0? z r + e a 3 r3
4 K" * 16
g r r r
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where K* is given by
Sf* r* - r*i/Z
K* 9 p y+ I4 2 r,
m rU
p g
[ m rU* 
i/
x 9 v* f* r* 2 r*/
g p
Particle samples taken from the exhaust of various aluminized
propellants have been found to follow a logarithmic normal particle size
distribution.
-1 (in d - in j)2
W (d )/W = (2r) 1 / 2 d ing in j
whered =3. 5 i 1. O 1, = . 9 ± i. O p.
p g
Figure 8. 6C-i is a plot of this size distribution, which was found to
be independent of engine size and geometry, propellant composition, and
chamber conditions for rather large engines.
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Figure 8.6C-1. Measured Particle Size Distribution for
Aluminized Propellants
Figure 8. 6C-2 is a plot showing the limiting particle streamlines in
the nozzle, which originate at the wall in the nozzle inlet section. All
particles of a given size will be located between the axis and its limiting
streamline. Only the smallest particles follow the gas and the largest
particles are concentrated near the axis, filling about a third of the
nozzle area at the exit plane.
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Figure 8.6C-2. Limiting Particle Streamline in Nozzle
Figure 8. 6C-3 is a plot of the limiting particle streamlines in the
vacuum expansion plume outside the nozzle. Only the smallest particles
are turned, and even they are not greatly affected by the expansion outside
the nozzle. All particle trajectories become straight lines, tow or three
nozzle exit diameters, outside the nozzle, and the particles have little
effect on gas expansion because particle drag coefficients go to zero
(owing to rarefaction effects) as the gas density drops outside the nozzle.
The particle flow field outside the nozzle is conical and appears to origi-
nate from a source near the nozzle throat.
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Figure 8.6C-3. Limiting Particle Streamlines in Vacuum
Expansion Plume Outside Nozzle
3. OUTGASSING
Outgassing of fugacious materials has been suspected of causing
problems in certain instruments sensitive to optical degradations. Out-
gassed constituents from the solid rocket propellant before motor firing
are precluded from exiting the central cylinder by the thermal insulation
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that is already present and completely encases the motor. Any outgassed
products from the motor case materials are likewise controlled. In addi-
tion to the thermal insulation protection, propellant outgassing is inhibited
by a weather seal located in the motor nozzle.
After the orbit insertion burn of the solid rocket motor, outgassing
of the motor case insulation will occur. This outgassing, however, will
be directed out the nozzle, most likely in the free-molecular flow regime.
Few, if any, of these molecules will reverse their translational velocities
and impinge on the spacecraft. Even if outgassing does occur, therefore,
it is controlled and no adverse effects are anticipated.
4. CONCLUSIONS
From the foregoing analyses it is apparent that:
* Exhaust gases during the orbit insertion burn may impinge on
parts of the spacecraft.
* Solid particles are nearly all contained within a 0.35 rad (20-deg)
cone downstream of the nozzle exit plane and will not impinge on
the spacecraft.
* Outgassing is controlled and no adverse effects on the spacecraft
are foreseen.
5. RE COMMENDATIONS
It is recommended that instruments and probes that are sensitive to
degradation by the accumulation of particulate matter be covered by pro-
tective shades or that they not be deployed during the time the orbit inser-
tion motor is burning.
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APPENDIX i OA
DESCRIPTION OF RHUMB LINE
PRECESSION MANEUVERS
Open-loop precession of the spacecraft is used for AV midcourse
corrections and other reorientation maneuvers. The precession is
effected by firing the velocity-precession thrusters (VPT's) once every
spacecraft revolution at a constant preselected angle from the sun-spin
axis plane. During this maneuver the vehicle's angular momentum vector
inscribes a path on an imaginary sphere surrounding the spacecraft called
the precession path. For each precession step the precession path follows
a great circle; however, the total precession path, which consists of a
sequence of great circle segments, approximates a loxodromic curve. A
segment of the loxodrome is known as a rhumb line. The ideal rhumb line
path is at a constant angle to the local meridian line at every point on the
sphere. The geometry for the precession path is shown in Figure iOA-i.
The rhumb line path is always longer than or equal to the great cir-
cle path connecting the initial and final angular momentum vectors. The
angular length of the rhumb line path depends on the precession angle and
the sun-spacecraft-earth geometry at the time of the precession maneuver.
As part of a AV maneuver the spacecraft might have to be precessed
through an angle as large as 1.57 radian (90 degrees). Errors in path
execution occur in the length of the path and in its direction. Error in the
length of the maneuver is caused primarily by thruster impulse uncer-
tainty, while direction error is caused by sensor error and differences
between the rhumb line and the sequence of great circles. For the longest
precession maneuver the actual precession path deviates in direction from
the rhumb line by about 0. 008 radian (0.47 degree). The actual path taken
by Pioneer must be corrected for this deviation in what is called the
"great circle program. "
Figure 10A-2 illustrates the .rhumb line path geometry. Let us
define the following quantities:
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SPIN AXIS AFTER H
PRECESSION STEP \ f
PRECESSION PRECESSION PATH
STEP (RHUMB LINE) UNIT
H SPHERE
SPIN AXIS
NIT SPHERE 0
DIRECTION TO REFERENCE
BODY (SUN) SUN
Figure 10A-1. Geometry and Coordinates of Figure 10A-2. Rhumb Line Geometry
Open-Loop Precession
Symbol Definition
S Vector pointing from the spacecraft to the sun or other
reference body
H Initial angular momentum vector of the spacecraft
o
Hf Final angular momentum vector of the spacecraft
'Po Complement of angle between S and H O (90 - Oo )
4
'f Complement of angle between "S and Hf (90 - Qf)
q'p Angle between H° and Hf (precession angle)
X Angle between the planes formed by the vectors S and H
and the vectors S and H 0
a Angle between meridian line and rhumb line path
Angular distance of rhumb line path
A Angular step size of precession
9 Angle between the AV thrust vector and the initial space-
craft spin [0 radian (0 degree) 5 9 < 1.57 radian
(90 degrees) to cover entire sphere for AV]
To obtain the values for storage in the ACS stored program regis-
ters to achieve an open loop precession, a number of steps must be taken.
First, the magnitude and direction of the desired AV (or final pointing
direction) must be determined in the coordinate system indicated in Figure
i0A-2. The AV (or pointing) direction will then be given in terms of X and
A-).2
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This information must be converted into the rhumb line parameters
a and 0 and the time required for AV. An example flow chart is given in
Figure 10A-3. The precession direction (a0) and magnitude (0) must be
corrected for the quantization in the PSE, for thruster impulse and cen-
troid performance data, for spin rate error, and for path distortion from
a true rhumb line caused by execution in the form of a sequence of great
circles. The maneuver should also be modified to avoid regions of large
error sensitivity - regions near the ± sun-spacecraft line. Sensitivities
should be checked using system software prior to maneuver execution.
Examples of sensitivity are shown in Figure 10A-4.
CONTINUOUS
RHUMB LINE
ORIENI TTION EQUATIONS POSSIBLE VALUES,
4o OQUANTIZATION TEST OF ACTUAL
o INTEGERS MANEUVER OF VEHICLE
TAN TAN (/4 + o/2) -- n n SEQUENCE OF
9f, f = (-f - Oo) SEC a 0.28* 
k.M
IST ITERATION
PRELIMINARY ESTIMATE NOMINAL kt cs(HZ)
OF PARAMETERS MANEUVER 
''   8 mu m--
OF PARAMETERS n, m 
TOPARAMETERS PROGRAM
CORRECTIONS FROM PROPULSION IMPULSEREGISTERS
INITIAL ORIENTATION CORRECTION IMPULSE REGISTERS
CENTROID LOCATION
FROM COMMAND, c NUMBER OF STEPS
ACTUAL ef, Xf
ERROR SPACECRAFT DATA
CORRECTION OF n, nTHRUSTER DATA BASED ON SEQUENCE OF
GREAT CIRCLES PROGRAM
Figure 10A-3. Flow Diagram to Derive Open-Loop Precession Program
Data for ACS
Z EQUATOR (1.57 RAD (90 DEG) Sensitivity equation:
FROM SUNLINE]
O 1.57 MAX - f
- _ sin a
i /8\ 1 tan (Tr/4 + P /2)
-90 -60 -30 0 30 60 90 (DEG)tan ( + )
-1.57-1.05-0.52 0 0.521.05 1.57(RAD) u Cosan 4 O
COMPLEMENT OF SUN LOOK ANGLE,
Figure 10A-4. Nominal Sensitivity to Precession Errors sinatana(Worst Case Path Length) -
cos
The regions near the sun or the anti-sun are highly sensitive to
error in execution of a. These regions should be avoided by breaking AV
into vector components. The sun look angle 9 is constrained 0.17 radian
(10iO degrees) by this requirement.
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Once the final desired orientation is determined by DSN tracking
for the first 5 days, the system software will transcribe this into the val-
ues to be entered into the attitude control system CEA-PSE. A flow chart
for the operations to be performed by this software is shown in Figure
iOA-3. The required software has already been completely developed for
all functions described in this section and has been extensively employed
for Pioneers 10 and ii. The operations shown by this figure are as
follows:
* The values of longitude (X , X ) and latitude (9 , 1f), which
describe the initial and final orientation, are used to obtain a
preliminary estimate of the rhumb line parameters, a and 0.
These describe the angle to the sun, and the length of the ideal
rhumb line.
* Given the nominal rhumb line parameters and the propulsion per-
formance characteristics (impulse correction (k)), preliminary
estimates of the number of angle bits (n) and the number of time
increments (m) to be used in the ACS stored program for preces-
sion can be made. The estimate of a is next corrected for
impulse centroid location (6 c and its correction factor c) and for
quantization in a that can be stored in the PSE registers. Since
the impulse torque vector which produces the precession either
leads or trails the roll index pulse (a0 = 0) then the a used in the
registers must be corrected depending on the thrusters and
index pulse used:
a R = a- c6 ±900R c
Note that a is measured from the sun spin axis plane (plane
defined by 3 and H ) to the plane of precession and is described
by the righthand rue.
* A system test of the estimate of n and m are made via the
sequence of great circles program which steps through the actual
maneuver and produces error estimates from the desired
orientation.
* The information obtained from the sequence of great circles pro-
gram is used to improve the estimates of n and m and obtain
minimum error in the final orientation.
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APPENDIX 10B
PROBE ENTRY DSN SUPPORT
(VERSION III SCIENCE)
The 1977 multiprobe mission imposes some new and different
requirements on the Deep Space Network (DSN) for support. One of the
more unusual is to receive data simultaneously from five vehicles: the
bus, the large probe, and three small probes. Part of this requirement
is based on the DLBI experiment, which wants to have all four probes
enter at the same time and to use the bus, which has been delayed, as a
common reference. The selection of PCM/PSK/PM modulation is com-
patible with the DSN, and the use of two-way tracking for the bus and the
large probe also appears to be compatible. However, both hardware and
personnel are limited at the DSN sites, and therefore the impact of the
five simultaneous downlinks must be minimized.
A method of achieving minimum impact is shown in Figure 10B-1.
This shows a configuration for the 1977 launch and the possible use of
Arecibo and/or Haystack to support the DLBI experiment and to back up
the DSN stations.
LP SP1 SP2 SP3BUS
REAL TIME
DEMODULATOR
LINKS REAL TIME
DEMODULATOR
LINKS
26 METER 64 METER 64 METER 26 METER (BACKUP)
GOLDSTONE ARECIBO 305M MADRID (BACKUP)
PRIMARY UPLINKS BACKUP UPLINKS
26 METERS, 20 KW TO BUS PREDETECTION 26 METERS, 20 KW TO BUS
64 METERS, 400 KW TO LP RECORD ALL FIVE 64 METERS, 100 KW TO LP
DOWNLINK SIGNALSDOWNLINKS (NO REAL TIME DOWNLINKS
64 METER 3 RECEIVERS AND DEMODULATION) 64 METERS 3 RECEIVERS ANDTRACK; BUS, LP, TRACK; BUS, SP2,SP1 OPTIONAL SP31 RECEIVER OPEN
LOOP PREDETECTION HAYSTACK 1 RECEIVER OPEN
RECORD ALL FIVE LOOP PREDETECTIONRECORD ALL FIVE RECORD ALL FIVEDOWNLINK SIGNALS DOWNLINK SIGNALS
OPTIONAL
CANBERRA
Figure 10B-1. Probe Entry DSN Configuration
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From the DSN/Flight Project Interface Design Handbook 810-5,
Revision C and material supplied at the DSN Interface meeting held at
JPL on 22 November 1972, each of the three 64-meter stations will have
four receivers and three doppler trackers available, while the 26-meter
stations will have two receivers and one doppler tracker. For the 1977
opportunity, Goldstone and Madrid would be the preferred DSN stations
for it would then be possible for Arecibo and Haystack to also observe the
probe entry. Goldstone would be the preferred primary station and would
transmit all uplink signals, Madrid would provide backup and could trans-
mit if a problem developed at Goldstone.
To minimize acquisition time and maximize downlink performance,
it is recommended that the Goldstone 400 kW transmitter at the 64-meter
site be used for the large probe uplink. A 20 kW transmitter at one of the
Goldstone 26-meter stations can be used for the uplink signal to the bus.
All five downlink signals will be received by the 64-meter antennas.
Since there are only three doppler trackers at the 64-meter station, it is
suggested that three receivers be used with them to track and recover
real time data from the bus, the large probe, and one small probe. Thus,
both two-way links and one one-way link would be received and processed
at Goldstone. The fourth receiver at Goldstone's 64-meter station would
be operated open loop to receive all five downlink signals for predetection
recording, described in Appendix 10C.
The Madrid 64-meter station could operate in a "listen only" mode,
unless a problem develops at Goldstone, with a slight improvement in
performance. Its three doppler trackers and three receivers could track
and recover data from the bus and the two small probes, SP2 and SP3, not
being tracked by Goldstone. Thus, all five vehicles are being tracked and
data recovered in real time. Both stations are receiving and tracking the
bus, which provides a common reference for time, DLBI, and any other
uses. The fourth receiver at the Madrid 64-meter station could also be
used to receive all five downlink signals for predetection recording.
If Arecibo is used for backup (it is probable that Haystack would be
of little use for data recovery), it is suggested that a single, open-loop
receiver and predetection recording are all that would be required. The
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added gain available from the Arecibo antenna could make the tapes
recorded there, the preferred ones to use for off-line data recovery.
The preceding discussion has not considered any special provisions
for collecting DLBI data. However, all amplitude and phase relationships
of the five downlink signals are stored on the predetection recorded tapes
and offline processing could be used to extract desired information.
It has been shown how the multiprobe mission can be supported by
two DSN 64-meter stations without requiring additional RF equipment and
how the real time operations load can be distributed between them to mini-
mize personnel loading. At the same time backup recordings can be made
in case there are any problems in acquiring and locking to any of the sig-
nals in real time.
Some additional alternatives could be considered. For example, the
overseas sites have a common control center for both the 64-meter and
26-meter antennas. Thus, it might be possible to patch the signal from
the 64-meter antenna into the receivers at the 26-meter site, and thus
receive and recover data from all five downlinks as well as doing prede-
tection recording at the 64-meter site. However, there would only be
four doppler trackers available so one vehicle would be left out anyway.
At Goldstone there is no common control center, but enough equipment
might be collected to permit handling all five links in real time.
If the 1978 launch opportunity is chosen, the recommended arrival
time would not allow adequate Goldstone-Madrid coverage and thus
Canberra and Goldstone would have to be used. The overlap time would
be greater, but there would be no backup coverage and the DLBI experi-
ment would be limited to a single base line, as there do not appear to be
any additional stations available that could view the probe entry.
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APPENDIX 10C
SPECIALIZED DSN HARDWARE AND SOFTWARE
The Systems Design Study Statement of Work General Task (7)
reads: "Define the specialized hardware and software necessary to pro-
cess the telemetry data to an uncoded PCM data stream." This appendix
answers this task for the preferred bus and probe communications links
for both real time and nonreal time (predetection recording) data recovery.
i. REAL TIME DATA RECOVERY
The recommended communication modulation scheme for orbiter,
bus, and probes (PCM/PSK/PM) is completely compatible with the DSN
Block III and IV receivers, subcarrier demodulator assemblies, and sym-
bol synchronizers. For the preferred Atlas/Centaur configuration, the
use of Pioneers 10 and ii convolutional code (K = 32, R = 1/2) with real
time sequential decoding is also completely compatible with the existing
DSN data decoder assembly. The recommended uplink and downlink fre-
quency assignments are to use the standard DSN channels. Therefore, no
specialized hardware or software will be required to recover the uncoded
PCM data stream for the preferred Atlas/Centaur configuration. For the
Thor/Delta configuration, the recommendation for the probes of a short
constraint length (K = 6, R = 1/3) error correcting code designed for use
with the Viterbi decoding algorithm may represent a requirement for a
nonstandard DSN data decoder assembly. It is uncertain at this time if
this capability will be implemented for the Mariner-Jupiter-Saturn pro-
gram. If not, this capability would be required to enable real time recov-
ery of Pioneer Venus probe data if the Viterbi decoding algorithm were
chosen.
2. PREDETECTION RECORDING
Regardless of launch vehicle selection, we strongly recommend that
predetection recording be used for the probe and bus entry to back up the
real time tracking and data recovery and permit later, off-line analysis
of the received signals. For this mode of operation, some specialized
hardware and possibly software will be required. There are several ways
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of accomplishing the predetection recording of all probe plus bus downlink
signals. A method which has minimal impact on the DSN stations is shown
in Figure 10C-i. The antenna, preamplifier, S-band receiver, frequency
standard/frequency synthesizer, and magnetic tape recorder are all exist-
ing DSN hardware. The only potentially new hardware is the narrowband
filter/down-converter/low-pass filter required to translate from the
receiver's 10 MHz IF to the less than 1.5 MHz capacity of the FR-1400 or
FR-2000 magnetic tape recorder. If this equipment is not available at the
DSN stations, standard commercial hardware is available at relatively
low cost and no development or modification is required. Typical exam-
ples are the Microdyne 1171-PR(A) and the Defense Electronics PC-10i
units.
ANTENNA AND THREE DOWNLINKSLOW NOISE PREAMPLIFIER PLUS REFERENCE
ON EACH OF
TWO TRACKS
S-BAND FILTER f = 900 KHZ
OPEN f= 10.455 MHZ 500 KHZ
LOOP DOWN-CONVERTER
RECEIVER OUTPUT FILTER
10 MHZI MULTI-
+3 MHZ TRACK
IF FILTER f = 900 KHZ WIDEBAND
fc = 9.815 MHZ 1500 KHZ RECORDER
DOWN-CONVERTER
OUTPUT FILTER
LOCAL OSCILLATOR5 MHZ
FREQUENCIES TRACK
FREQUENCY
SYNTHESIZER REFERENCE FREQUENCY 1.5 MHZ
NOTE: USE OF WIDEFREQUENCY SANDARD BAND, ROTARY HEAD(HYDROGEN MASER) MINIMIZE DATA
RECOVERY PROBLEMS.
Figure 10C-1. Predetection Recording - Pioneer Venus Standard DSN
Frequencies
The recording center frequency and bandwidth is selected in accord-
ance with Table 9, page 53 of the Telemetry Standards, IRIG document
106-71, in order to be compatible with commercially available hardware.
Of critical importance is the recording of a stable reference frequency on
each track along with the data in order to permit later compensation for
effects such as tape skew, differential stretch or pucker in the tape, etc.
Figure 10C-2 shows the spectra of the receiver 10 MHz IF passband, the
downlink channel spacings and data bandwidths, and the narrowband filters.
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NOTE: IN PRACTICE THE NARROW-
BAND FILTERS WOULD BE
SYMMETRICAL ABOUT THE
10 MHZ CENTER FREQUENCYAND THE LOCAL OSCILLATOR
fc = 10.0 MHZ ADJUSTED TO SELECT HEBAND OF FREQUENCIES
3DB BW =+ 3MHZ DESIRED.
BANDPASS BANDPASS
FILTER
fc = 10.455 MHZ FILTER.815 M
BW =500 KHZ BW = 500 KHZ
22 23 24 25 26 27
5 DSN CHANNELS - 370 KHZ
7.0 MHZ APART - TOTAL BANDWIDTH = 1.8 MHZ7.0 MHZ 10.0 MHZ 13.0 MHZ
FREQUENCY
Figure 10C-2. Probe Mission Downlink Channels
(Note: Channels 22 and 27 are bus downlink channels and only one will
actually be in use. By placing them at the outer ends of the group, the
occupied bandwidth will be the same regardless of which is in use. With
this configuration, Channel 25 will be recorded on both tracks and can aid
in time correlation between all downlinks. With this recording scheme all
time and phase relationships (as well as interfering signals plus noise) are
permanently stored on tape.
If the offline processing is to be done elsewhere, such as at JPL or
at ARC, this would be the total impact on the DSN stations, although there
is a small operational problem that should be noted. To realize the
1.5 MHz capability of the tape recorders, they must run at 120 inches per
second, which restricts the recording time to approximately. 12 minutes
per reel of tape. This means that two recorders must be available at
each station and provision made for transferring back and forth without
loss of data. For a small probe entry time of 63 minutes, allowing for
tolerances and overlap, a minimum of six reels of tape will be required at
each recording site and personnel on site to change tape.
The offline processing of the predetection recorded data will require
some additional hardware and possibly some software as well. Figure
10C-3 shows a method of recovering the data at a site that has the equiva-
lent of most of the standard DSN equipment. For example, the magnetic
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LOW-PASS
FILTER DATA (THREE DOWNLINKS)
(fc = 1.4 MHZ)
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PASSES REQUIRED
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Figure 10C-3.. Recovery of Pioneer Venus Data From Predetection Recorded Tapes
tape reproducer must be an FR-2000 or equivalent with as good a time
base stability as is possible to obtain. The frequency standard/frequency
synthesizer should be comparable to the DSN equipment, as should be the
receiver/detector shown at the bottom right of the figure. Following the
receiver/detector could be the usual DSN subcarrier demodulator and data
recovery equipment used for recovering the data in real time.
The specialized hardware, which comprises the remaining five
blocks of the diagram, up-converts the signal to 10 MHz and reduces the
time base instabilities to acceptable levels. The up-conversion function
is straightforward and may be accomplished with the same hardware
shown for down-conversion in Figure 10C-1, since many of the commer-
cially available units provide both functions. The unique function is the
reduction of time base errors or instabilities. Recent specifications for
the FR-2000 quote a time base error of ±0.3 microseconds (±300 nano-
seconds) at 120 inches per second. When this error is converted to phase
error at the high end of the data bandwidth (use the 1.5 MHz reference as
an example) this becomes ±2.83 radians (±162 degrees), which is much
too great to track with a phase-locked loop (PLL), hence coherent opera-
tion is not possible. However, if the time base instability could be
reduced by an order of magnitude to around ±0. 28 radian (±16 degrees)
(±30 nanoseconds), then a PLL could probably track and the data could be
recovered. It is the purpose of the narrowband filter to select the 1.5 MHz
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reference frequency from the tape playback. The signal is then compared
with a stable 1. 5 MHz signal in the frequency/phase detector and the dif-
ference or error signal is used to control an electronically variable delay
line to reduce the time base errors to an acceptable error. At the time
of this writing, this correction loop has not been demonstrated to work as
described. However, the technique is used in the Ampex FR-900A/950
transient-free, time-base stabilized, wideband, rotary head record/
reproduce models. The data sheets on these models quote a relative time
base stability of +15 nanoseconds, which would be sufficient. Therefore,
it is worth noting that suitable hardware does exist to permit satisfactory
predetection recording of all probe and probe bus downlinks, even though
such equipment is not available in the DSN. Such equipment lends credence
to the belief that the technique shown in Figure iOC-3 will work and demon-
strates that a fallback capability truly exists. It should also be noted that
the FR-900A can record a full hour on a single reel of tape, which would
minimize tape changes.
Other methods of recovering data from predetection recorded mag-
netic tape can be postulated, but would require development and do not
have a demonstrated application. For example, all of the data inherent in
the received signal (including doppler) is defined by the frequency and
phase variations between the data signal and the stable reference signal.
Computer techniques could be developed to recover the data from these
relationships, but are not known to be available for this application at this
time.
To summarize, for the recommended use of an Atlas/Centaur launch
vehicle probe mission, all probe and probe bus downlink data can be
received and recovered in real time using existing DSN hardware and soft-
ware. The modulation is PCM/PSK/PM and the error correcting coding
is the Pioneer, K = 32, R = 1/2, code for sequential decoding. To back
up the real time recovery mode, predetection recording is recommended,
as shown in Figure iOC-i, where the only potentially new hardware is
identified by the boxes labeled "filter/down- converter/output filter. "
This hardware comprises commercially available equipment, although the
filters may have to be built to specification for the application. This
would be the only hardware impact to the DSN, and there should be no soft-
ware impact up to the point of recovering the uncoded PCM data stream.
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If a Thor/Delta launch vehicle is used, it is recommended that a
different error correcting code be used for the probes. The code recom-
mended is a K = 6, R = 1/3 code for Viterbi decoding. This decoding
could possibly be accomplished at the DSN either by a hardware decoder
or by software for a mini-computer. However, it would be the only change
other than the predetection recording hardware as described for the Atlas/
Centaur launch.
Regardless of launch vehicle, a method of recovering data from the
predetection recorded tapes is required. The method shown in Figure
iOC-3 is suggested as a minimal impact method using all DSN-type equip-
ment except for the equipment used to improve time base stability. This
would be new equipment to be developed for the program, but would be
required only at the off-line facility where data recovery and processing
would be done. It would not be required at the data acquisition sites.
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APPENDIX I iA
ALLOCATION OF WEIGHT TO MINIMIZE COST
A flight vehicle consists of several elements (i). Each element has
a weight, Wi, and a cost C. which is a function of its weight: C. = Ci(W i)
This function may be continuous, or it may be discrete, being defined at
only a limited number of points. In the latter case, connect the points by
straight-line segments for the purpose of this analysis, so that we may
regard Ci(Wi) as being quasi-continuous and differentiable.
The problem is to allocate weight within some upper limit so as to
minimize total cost, i. e.,
Retaining WT = 2W. _ W
1 0
Minimize C = ZC.T 1
In the solution, recognize that if total cost C T is minimized, then
it will have no incremental change 6C T for incremental reallocations aW.:
T T
6C = C 6 W 1 W = 0 1)T aW. i dW.
1 1
provided WT is maintained constant:
6W T = Z Wi = 0 (2)
Thus, these two equations are to be satisfied:
dC 1  dC 2  dC3 .
2 3
1 1 1 6W 2 (3)
6W
For them to be satisfied for other than the trivial case,
6W 1 = 6W = W 3  = *.. = 02 A-3
iiA-I
the rank of the matrix
[M] dW1  dW 2  dW 3 ...
S 1 1
must be less than 2. This requires that every 2 x 2 determinant in the
matrix must vanish:
dO. d~k = 0, any j, k. (4)
1 1
Thus all the derivatives are equal
dC1 dC dC 3d - d - ... = -K (5)dW dW 2  dW 3
For a given total weight, WT, K is constant, but it varies with WT .
Figure 11A-i shows how the above relations may be satisfied
graphically. The flight vehicle, in this example, has three elements,
b (bus), e (experiments), and p (probes), whose cost-weight rela-
tions are reciprocal functions Ci versus W i shown in the upper left
portion of the figure.
These functions are differentiated to give curves of derivatives
dCi/dWi versus Wi in the lower left portion.
The relation WT = YWi is generated subject to the restriction
of Equation (5) by summing horizontally to the curve dCi/dWi
versus WT in the lower right portion, using the same dC /dW i for
each element as its weight is summed. In the upper right, we construct
C T = Cb + Ce + Cp versus WT using, for each W T , the values of Cb, Ce
and C as shown. This gives the minimized CT for any weight limit Wo.
Once the graph is constructed, if a weight limit WO is given, the
reverse process implied by straight lines labeled C T = C b + Ce + Cp;
dCi/dWi; Cb; Ce; Cp immediately gives the minimized total cost CT,
the weight to be allocated to each element, Wb, We, and W , and the
cost of each element Cb, Ce, and Cp.
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Figure 11A-1. Cost/Weight Curves
The procedure can also be used equally well when the functions
are discrete rather than continuous.
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APPENDIX iB
ALLOCATION OF WEIGHT AND RELIABILITY
TO MINIMIZE COST
APPENDIX 11B
ALLOCATION OF WEIGHT AND
RELIABILITY TO MINIMIZE COST
In Appendix 1 1A a method is derived mathematically and imple-
mented graphically to allocate weight among various elements of a flight
vehicle so as to minimize total cost, where the cost of each element is
a function of that element's weight.
In this appendix, the situation is generalized from the allocation
of one limited resource (weight) to two resources (weight and reliability).
It is assumed that the cost of each element is a function of both the weight
and reliability of that element:
C. = Ci(W., R.)
Presumably, for this element to fulfill a fixed function, C. will be a1
decreasing function of weight Wi, but an increasing function of reliability
R i.. The entire flight vehicle (it is assumed) must observe limits on the
two resources: a maximum weight and a minimum reliability:
W = ZW. sWT 1- o
RT = nR i _ R
and we are to minimize the total cost,
C T= C.T i
To determine the solution, we recognize that there will be no incremental
change in cost, 6C T for incremental reallocations of either weight (6Wi)
or reliability (6 R i ) provided system weight and reliability are maintained
constant. Thus:
3C ac
6c T= - W. + T6R iT \W. 1 aR.
1 1
ac. aC.
W. 1 a 6R.1 1
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6W = = bW 0T 1
R = R an RT d In R.6R T = b n R TT T - - 6R. = 6R =2 1R.OR. 1 dR. 1 ZR. 6 Ri 0.1 1 1
matrix form:
C1 2 C3 ) C1 C2 C 3
W1 3W 2  3 " 1 R 1  R2  R3 W 1  0
0 0 0 1 1 1
R 1  R 2  R 36W 0
R
6R 2
[M
)r this matrix equation to be satisfied for other than the trivial case
W 1 =6W =W 3 = ... = 0; 6R 1 = 6R 2 = 6R 3 = ... = 0) the rank of the
,efficient matrix [M] must be less than 3. This, in turn, requires that
ery 3 x 3 determinant in the matrix must vanish. For those 3 x 3
;terminants derived entirely from the left half or entirely from the right
.f of [M], this vanishing is automatic. Where the 3 x 3 determinants
corporate columns from both halves of [M], we have:
C 1C CCS m "-n
SW ml a R n
1 1 0 R0 Sa 1  0; anyj, m, n
0 0 1
n
11B-2
ac I ac ac
-W 8R aRa m n C
1 0 n 1 m 0; any, m, nIOR a0R RaR
m n n m
1 1R R
m n
These two sets of equations can be rewritten:
ac 1  aCz  3C
S-K (1)
12 3
R a1 R C2 R C3
S R R -- =L (2)1 2 3
I. GRAPHICAL CONSTRUCTION
The graphical method of Appendix I iA can be extended to two dimen-
sions, Figure IB-1, to conform to Equations (I) and (2). In the upper
part of the figure the functions C 1 (W1, Ri) and C 2 (W 2 , R 2 ) are shown
by means of contours against the coordinates W and ln R. (Only
2 elements are used in this example.)
Differentiation of each of these functions, and the plot of the deriva-
tives with respect to both W. and R. is indicated in the central part of the
1 1
figure. Contours of
OC.
K
1W.
1
dC. aC.
and L = R. 1 = 1Z FR. an R.
1 1
are shown. Taking a single value of K and a single value of L to apply to
both elements, the intersecting contours will fix the coordinates W1,
In R1 W2, In R2 such that Equations (1) and (2) are satisfied. Corres-
ponding to tfiese values of K and L are W T = W 1  W 2 and in RT =
In R 1 + jn R 2 , giving the system weight and. reliability.
System cost can be determined:
CT = C1 C2 = C 1 (W 1 , R 1 ) + C 2 (W 2 , R2.
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Figure 11B-1. Graphical Method Extended to Two Dimensions
It also results from the selected values of K and L, and is plotted in the
lower part of the figure as a function of WT and n RT. The method of
construction assures that this value of CT is the minimum possible for the
WT and RT indicated.
This construction shows how to go from the derivatives K and L
to the system level parameters WT, RT, and CT by way of Wi, Ri, and
C. for each element.
What is necessary is a reversal of this process: Starting with WT
and RT, determine Wi, R, and Ci for each element. This can be done by
a process (not shown) on the lower portion of the figure. Since the point
at the coordinates (WT, in RT) is derived from a single value of K and
a single value of L, by repeating the calculations over a field of variations
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in K and L, we can determine values of K and L-at many such points,
(WTs n RT). These values of K and L can be indicated by contour plots
of them vs W T and in R T on the lower portion of the figure. Then, given the
weight and reliability limits for the system, we can proceed as follows,
determining all necessary quantities:
W K W 1  W etc
bottom middle
RT portion L portio R R 2  etc
top o rtio
Cl + C2 + etc CT
bottom
portion
2. ANALYTICAL EXAMPLE
For illustrative purposes, consider this example. Let there be n
elements to the flight vehicle. For each element cost assumed to be is
related to weight and reliability by the following relation:
A. 3C. = 1(W.- W. ) (-n R.) ; i=, 2, *.. n (3)
Ci., W., and R. are the variable cost, weight, and reliabilities of the
element, and lie within these ranges:
0 < C.1
0 < W. < W.
10 1
0 < R. < 1
1
The form of the function is realistic, with cost rising reciprocally as:
(a) the element weight is reduced toward some "unrealizable
minimum weight", Wio, and
(b) as reliability is increased toward unity.
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A. and W. are constants which distinguish the cost relation of the ith elementio
from that of other elements.
The derivatives, Equations (2) and (3) are determined and equated:
ac. C.
- K (4)1 1 10
. ( i  io
ac. C.R. 1 1 3
1R = (-n R) (5)1 1
The constants Ai 3 , K 3 , and L 3 are used rather than Ai., K, and L merely for
later convenience.
Solve Equation (4) for W. and (5) for (-In R) :
1 1
w. = W. + Ci (6)
1 10 -
3K
C.(-In Ri) = 1 (7)
L 3
Now substitute for these quantities in (3) and solve for C.:
1
3A.C. A 
1
C. C.
1 1
3 3KL
C. = KL A.1 1
By means of Equations (6) and (7) we may now express all quantities in terms
of K and L
C. = KL A C T = C. = KLZA (8)
L LW. W. + A W = ZW. = W + -A. (9)1 10o T2  i io 21
K(-I nR) = A R = rR.
L
(iB-n6 R A (10)
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Reversing the process, we solve (9) and (10) to find derivatives K and L
in terms of the weight and reliability limits W T and RT:
W - ZW. A.
L _ T 0 K 1 (11)K2  A I3 1/3
K (W - Z Wio) (-In R T )
K (-In RT) L A.
(WT - W.io )  (-9n R T)
We may now go back to Equations (8), (9), (10), and using the results of
(11) and (12) determine all quantities in terms of the weight and reliability
limits, WT and RT:
Z2
C . A (13)i (WT- W. ) (- noRT) i
3(IA.)
CT = (14)(WT EW.) (-In RT
W - W.
W. W. + T 10 A. (15)1 10 A. 1
1
(-In RT)
(-In R) (-nRT) A - A.
A Ai. , R. = e i (16)
1
These equations provide for explicit allocations of weight WT and
reliability RT among the n elements so as to minimize system cost, with
an assumed dependence of the cost of each element on the weight and reli-
ability of that element as in Equation (3).
The graphical and analytical methods are capable of being adapted to
cases where the cost relation of each element is a discrete function defined
at only several points, rather than a continuous function of two variables as
assumed in this memo. This adaptation would proceed in a manner similar
to that indicated for the one-dimensional case in Appendix iiA.
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